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Preface 

The Space Programs Summary i s  a six-volume, bimonthly publication that documents 
the current project activities and supporting research and advanced development 
efforts conducted or managed by JPL for the NASA space exploration programs. The 
titles of all volumes of the Space Programs Summary are: 

Vol. I. The Lunar Program (Confidential) 

Vo I. I I. 

Vol. Ill. The Deep Space Network (Unclassified) 

Vol. IV. Supporting Research and Advanced Development (Unclassified) 

Vol. V. Supporting Research and Advanced Development (Confidential) 

Vol. VI. Space Exploration Programs and Spcce Sciences (Unclassified) 

The PI a ne ta r y-l n te r p I a ne ta r y Pro g r a m (Con f i dent i a I) 

The Space Programs Summary, Vol. VI consists of an unclassified digest of appro- 
priate material from Vols. I, II, and Ill; an original presentation of technical supporting 
activities, including engineering development of environmental-test facilities, and qual- 
ity assurance and reliability; and a reprint of the space science instrumentation studies 
of Vols. I and II. 

W. H. Pickering, Director 

l e t  Propulsion laboratory 
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Prepared under Contract No. NAS 7-1 00, National Aeronautics 8. Space Administration 

This document contains information affecting the national defense of the United 
States, within the meaning of the Espionage Laws, Title 18, U.S.C., Sections 793 and 
794, the transmission or revelation o f  which in any manner to an unauthorized person 
i s  prohibited by law. 
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I. Mariner Mars 1964 Project 

A. Introduction 
The early objective of the NASA/JPL Planetary- 

Interplanetary Program is the initial probing of the planets 
hlars and Venus by unmanned spacecraft. The initial 
probing of \'enus was successfully accomplished in 1962 
by Mariner 11. The initial probing of Mars was success- 
fully accomplished by the Mariner lV spacecraft during 
the 1964-1965 flight opportunity. 

The primary objective of the Mariner C mission 
(Mariner Mars 1964 Project) is to conduct close-up flyby 
scientific observations of the planet Mars during the 
1964-1965 flight opportunity and to transmit the results 
of these observations back to Earth. Planetary observa- 
tions were performed during the flyby, which provided 
basic new information about Mars, inciuding teievision 
pictures, cosmic dust particle counts, and measurements 
of magnetic and ionizing radiation fields. In addition, an 
Earth occultation experiment was carried out during the 
Type I trajectory flyby to obtain data relating to the scale 
height and pressure in the atmosphere of Mars. 

A secondary objective of the Mariner C mission is to 
provide experience and knowledge about the perform- 
ance of the basic engineering equipment of an attitude- 
stabilized flyby spacecraft during a long-duration flight in 
space farther away from the Sun than the Earth. An 

additional secondary objective is to perform certain fields 
and particle measurements in interplanetary space in 
addition to those performed in the vicinity of Mars. 

The Atlas/Agena D launch vehicles used in this project 
had a capability of injecting a separated spacecraft weight 
of 570 lb (minimum) into a Mars transfer orbit. 

It was planned to conduct two launchings of Mariner C 
missions from two separate launch pads. All activities 
were planned to exploit the limited launch period to the 
maximum extent. To accomplish this, the two spacecraft 
and their launch vehicles were processed in parallel, so 
that following the launch of the first space vehicle the 
second vehicle could have been launched without delay, 
but no earlier than 2 days after the first launch. 

The hlC-2 spacecraft was launched on November 5, 
1964. The nose cone failed to eject from over the space- 
craft, thereby precluding solar panel deployment; and the 
battery power was depleted 8 hr 43 min after launch. 

The hlC-3 spacecraft was successfully launched on 
November 28, 1964 in a Mars encounter orbit about the 
Sun. Since launch, the spacecraft and mission have as- 
sumed the title Mariner IV in accord with NASA policy 
guidelines governing such flights. The terms hlC-3 and 
Mariner IV may be used interchangeably; AIC-3 is the 
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actual serial number of the spacecraft, whereas Mariner 
ZV is the title assigned to the flying spacecraft and its 
mission. 

The Mariner 1V flight continues without significant 
changes in any subsystem performance. The spacecraft is 
performing as designed and is still being monitored by 
the worldwide DSIF/SFOF combination on a 24-hr/day, 
7-day/wk basis. 

The encounter with Mars, which occurred on July 14, 
1965 (PDT), was entirely successful. Flight operations 
were conducted as planned with a series of ground- 
transmitted commands. Some commands were used to 
initiate spacecraft actions, with backup being provided 
by automatic on-board features; other commands were 
sent to back up the critical automatic operations. Specifi- 
cally, the encounter sequence was initiated by ground 
command DC-25 approximately 2 hr earlier than the 
spacecraft timed CC&S MT-7 in order to allow ample 
time to accurately pre-position the scan platform. The 
platform was stopped a t  an optimum angle for the TV 
pictures by ground command DC-24, thus pre-empting 
the automatic platform-positioning functions of the wide- 
angle and narrow-angle optical acquisition devices. A 
ground command DC-3 was transmitted to switch the 
telemetry data mode to an all-science (encounter) mode. 
This operation would normally have been performed by 
the wide-angle acquisition system; but because of the 
pre-positioning, the switch to mode 3 would have oc- 
curred too late to be useful. The start of the TV picture 
recording sequence was initiated by the narrow-angle 
acquisition system and was backed up by ground com- 
mand DC-16. The tape recorder was stopped by its own 
“count to end of tape and stop” logic, and this was backed 
up by ground command DC-26. The switch to telemetry 
mode 2 (normal cruise) was initiated by the DAS “count 
22 pictures” logic and backed up by ground command 
DC-2. The spacecraft is mechanized such that DC-26 
turns off all science instruments as well as the tape 
recorder, and DC-2 turns on the cruise science instru- 
ments. Therefore, in this sequence the spacecraft is re- 
turned to a completely standard cruise mode upon the 
receipt of the DC-2 command. All remaining functions of 
TV picture playback were initiated by the CC&S timed 
commands MT-8 and MT-9. 

The TV pictures were played back to Earth twice over 
a 20-day period without incident. At the end of the second 
playback, ground commands were sent to once again re- 
turn the spacecraft to a cruise mode condition. The space- 
craft operation has been completely normal during the 
subsequent cruise period. 

2 

Analysis of the TV pictures and the data from the other 
science experiments is continuing. Preliminary analysis 
indicates that Mars has a very low (if any) magnetic field; 
therefore, it has no measurable radiation field (by Aiclriner 
ZV instruments). The TV pictures indicate a Moon-like 
surface with many craters and no evidence of atmospheric 
erosion or surface disturbance by volcanic action or crust 
upheaval. The occultation experiment measurements indi- 
cate an atmospheric pressure in the 10-20 millibar region; 
the lower number, 10 millibars, being the more likely 
value. 

It will be possible to receive telemetry from Mariner ZV 
until about October 1, 1965, at which time the space- 
craft high-gain antenna pattern main lobe will no longer 
be pointed back to Earth. This will conclude Phase 1 of 
the Mariner Project. The DSN has determined that if  the 
spacecraft transmitter is returned to the omni or low-gain 
antenna it will be possible to track the spacecraft as an 
RF source completely around its orbit of the Sun. This is 
expected to provide invaluable celestial mechanics data 
for reducing the present uncertainty in the AU value and 
the ephemeris of Earth and Mars. This surveillance period 
has been defined as Phase 2 of the Mariner Project. Dur- 
ing the latter half of 1967, Mariner ZV will again be within 
telemetry reception range of Earth. If the transmitter is 
then still working and if tracking scliedules permit, it may 
be possible to recover additional cruise science informa- 
tion. This period has been defined as Phase 3 of the 
Mariner Project. 

Since the time of encounter, some ground commands 
have been transmitted to the spacecraft in order to either 
better understand the TV data or to condition it for the 
subsequent Phases 2 and 3. 

On August 26, a series of commands was sent to con- 
dition Mariner IV for Phase 2. A DC-13 (midcourse 
maneuver inhibit) was transmitted to insure against an 
inadvertent maneuver which could occur if certain specific 
failures of the CC&S were to occur. Because it is not 
possible to positively confirm that the DC-13 command 
was effected, minimum pitch-and-roll turn coininands and 
minimum motor burn commands were also sent to be 
stored in the CC&S registers. Normally, their post- 
maneuver state is for maximum turns and burn times. 

On August 27, a DC-17 command (Canopus tracker 
cone angle update) was transmitted to the spacecraft. This 
was required in order to retain lock on the star Canopus 
for the remainder of Phase 1. 
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On August 30, the encounter sequence was rerun by 
ground command to take pictures of black space in order 
to provide a further calibration of the T\’ system. Such a 
calibration is expected to allow a better understanding of 
the received Mars pictures and will, therefore, enable a 
more knowledgeable enhancement of those pictures. This 
operation required a series of 11 commands. 

All of the command operations were without incident 
and the spacecraft performed perfectly. 

The spare spacecraft AfC-4 and all its support equip- 
ment is still being retained in bonded storage. The PTM 
has been undergoing continual testing since encounter; 
however, it too will be committed to bonded storage be- 
fore October l, 1965. These spacecraft and supporting 
equipments are being retained in the event it is decided 
that MC-4 should be launched at some future time, or in 
case another project, such as Voyager, might require them 
as useful tools in completing its design or in training 
procedures. 

B. Project Engineering 

I .  Solar Panel Magnetic Stability Study 

a. Introduction. The question of solar panel magnetic 
field stability arose as a consequence of the relative suc- 
cess in demagnetizing the Mariner Mars 1964 solar panels. 
In order to determine the influence of stray fields upon the 
solar panels, one demagnetized panel asscmbly was stored 
in a controlled magnetic environment. Although interest 
was centered primarily in the stability of the residual field 
of the demagnetized panel as an aid in interpreting flight 
data, information of value to future flight projects was also 
of concern. 

A test program was then developed to answer the fol- 
lowing questions: (1) What is the particular vibration axis 
which results in a minimum solar panel perm? (2) Is there 
a particular frequency of vibration which results in the 
perming of a panel in a shaker field? ( 3 )  Does the field 
of a permed panel change with vibration in a shaker field? 
(4) Does a demagnetized panel, stored for some time in 
a zero field environment, acquire a remanent field? (5) 
Does a demagnetized solar panel, oriented parallel to 
the Earth’s field for several weeks, pick up a perm? 

(6) Does the field of a permed panel decrease as a func- 
tion of time in a zero field environment? 

b. Instrumentation. In conducting this study, two 
Mariner type-approval solar panels (Substrate Panels 7 
and 16) were used. Since Panel 16 had earlier been con- 
figured with numerous temperature transducers, it was 
considered the mechanically weaker panel and so was 
used solely in the storage tests. Panel 7 was used for the 
vibration tests during the first month and for storage tests 
the second month. The specially designed solar panel 
trailer was used for transporting the solar panels between 
the various test and storage areas and was utilized for the 
storage of one panel in the Earth’s field for 1 month. 

For these tests, it was assumed that the solar panel 
would be located in the - Y  position on the spacecraft, 
and therefore the solar panel coordinates are based on 
that position. Although this assumption is arbitrary, it is 
necessary to define the solar panel axes in terms of the 
spacecraft coordinates. Both - X  and - Y  solar panels are 
slightly closer to the science magnetometer than are the 
other two panels due to the eccentric location of the low- 
gain antenna waveguide used to support the magne- 
tometer. 

Panels were mapped in the Earth’s field at three different 
positions. To eliminate ficlds induced by Earth’s field, four 
sets of triaxial readings are obtained by rotating the panel 
about a horizontal and vertical axis through the magne- 
tometer location. By algebraic combination of these read- 
ings, the induced field is eliminated and the field due to 
residual magnetization of the panel is obtained. Readings 
were obtained for the relative location of the spacecraft 
science magnetometer for comparison purposes; however, 
since demagnetization of the panel reduced the field at 
this location to < 1 gamma, two other arbitrary locations 
closer to the panel were also mapped in order to obtain 
larger field readings. These two positions are in the same 
Y-2 plane as the magnetometer and 18 in. from the X-Y 
plane of the solar panel surface rather than the 57.5 in. 
between the plane of the panels and the magnetometer. 
One position is 6 in. from the hinge end of the panel 
toward the center of the panel, the other position is ap- 
proximately midway between the two ends of the panel. 

\Vhen using three single-axis flux-gate magnetometers 
with outputs to three channels of a recorder, adjusted 
to 1 gamma/’mm; accuracy is limited by external disturb- 
ances to about t l  gamma. The repeatability of readings 
at high field levels is further limited by the positioning of 
the solar panel relative to the magnetometer. A 2-in. 
change normal to the surface of the panel will produce 
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Condition of panel 

Demagnetized 

1 Gauss magnetizing field (approx) 
5 Gauss magnetizing field 

2 0  Gauss magnetizing field 
X-Axis vibration (Ling 249 shaker) 
Y-Axis vibration 
Z-Axis vibration 

Typical panel after FA vibration 

as much as a 25% change in some readings. Because of 
this, the two sets of readings obtained for the positions 
18 in. from the plane of the panels only indicate trends. 

Field, gamma ( 1  O-'Oel 

H. HI! H: 

< 1  < 1  < 1  
< 1  < 1  6 
7 0 55 
25 7 165 
0 1 3 
7 17 53 
0 0 2 
2-8 1-3 20-26 

Storage tests of the solar panels were carried out either 
in a magnetic shield room or in a coil system; both of 
which had fields less than 100 gamma near the center of 
the panels. The shield room, with a lower and more stable 
field over the solar panel, was used whenever available; 
however, other tests restricted its use for this purpose. 
Storage of the solar panel in the Earth's field was carried 
out in a trailer specially designed for transporting the 
panels. 

Magnetization and demagnetization of the solar pancls 
was accomplished in a pair of 7-ft demagnetizing coils 
separated by 7 ft. The solar panel was supported parallel 
to the axis of the coils which was oriented in the magnetic 
east-west direction to minimize Earth's field effects. The 
solar panels were demagnetized at both a 60-cps AC field 
and with a 0.05-cps AC field. The 0.C5-cps field was also 
used during those portions of the test where it was desired 
to magnetize the panel, so that the same general arrange- 
ment could be used for both operations. In magnetizing 
the panel, the 0.05-cps field with constant amplitude was 
used for 2 to 3 cycles, with the field turned off after one 
of the half-cycles in the desired direction. 

The solar panels were given the vibration testing on a 
Ling Model 249 vibration exciter or shaker. This shaker 
had a DC magnetic field in the vicinity of the mounted 
solar panel that ranged up to 10 gauss for a Y-axis shake 
(the long axis of the panel) 5 gauss for an X-axis shake 
(parallel to the panel width), and 1 gauss for the Z-axis 
shake (normal to the surface of the panel). 

In performing these tests, three areas were involved 
which necessitated transporting the solar panels for some 
distance in a solar panel trailer. This did have some ad- 
verse effect on the measurements. In the case of the panels 
stored in the low-field environment, they were transported 
about 3 miles from the point where they were demag- 
netized to the point of storage. They were mapped at both 
places for comparison. The vibration exciters were about 
0.5 mile from the measurement area. 

c. Discussion of results. Several tests were conducted 
on the solar panel to determine the effects of vibration in 
an ambient field. In the case of the solar panels with the 
single magnetic field constituent being in the form of 
wires and strips which were all aligned in the long axis of 
the panel, it was expected that this would be the direction 

of maximum field. This was borne out by the first vibra- 
tion tests in which the panel was shaken in each of its 
coordinate axes individually and mapped. The Y-axis 
shake, with the panel in the larger ambient field due to 
the shaker and the field generally parallel to the long 
dimension of the panel, produced a considerably higher 
magnetization in the panel. This magnetization appeared 
to be what one would expect for the average value of 
ambient field of the shaker. 

The panel was then shaken only in the Y-axis direction 
individually over successively increasing frequency bands 
of approximately an octave each from 40 to 2000 cps. The 
difference in magnetization acquired over each octave 
was very slight with the magnetization being approxi- 
mately 10% less below 160 cps. LVhen a panc.1 is magne- 
tized, shaken, and then mapped, there appears to be no 
simple relation between the resultant magnetization and 
either the magnetizing field level or the magnetization 
acquired by a demagnetized panel when shaken. The 
magnetization is considerably altc,red by the subsequent 
vibration, but it would be virtually impossible to predict 
the resultant magnetization. One problem here is that the 
magnetizing field is considerably more uniform than the 
field of the vibration exciter so that the field of the vibra- 
tion exciter, during the shake, does not affect the panel 
at the outer end of the panel. In the course of these tests, 
it was also found that the shaker field was not always of 
the same magnitude at  the same point. B e c a ~ e  of this 
and the fact that three-axis vibration tests are not always 
performed in the same sequence of vibration in the three 
axes, it is virtually impossible to predict the resultant 
magnetization following a three-axis shake. So long as 
magnetic material is to be employed in spacecraft, there 
is a need for additional study on the effect of vibration in 
a controllable and uniform ambient field. These results are 
summarized in Table 1. 

Table 1. Magnetic field measurements at flight 
magnetometer position for a solar panel in 

the - -Y  (Bay 7 )  location 
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The storage tests were somewhat inconclusive because 
of the fact that the panels stored in the near-zero field 
environment were of necessity stored alternately in a 
shielded room and in a coil system. Also, the equipmcnt 
used to map the panels near the storage area suffered 
from instability. In spite of this, the demagnetized panel 
stored for 3 weeks in a low ambient field experienced only 
a very slight change in field, and this change was only 
discernible a t  the position 18 in. from the surface of the 
panel. This panel was stored in the shield room for 6 days 
followed by 14 days in a four-coil spherical coil system 
oriented in the direction of Earth’s total field. 

When the panel was magnetized by exposure to a 5- 
gauss field and stored, the residual magnetization showed 
a definite decrease over the first week of the storage 
period. This panel was stored 13 days in the shield room 
followed by 11 days in the coil system. The change in field 
was approximately a 25% decrease the first week with a 
negligible change following that. 

d.  Conclusions. This study has provided an insight into 
the magnetic behavior of Kovar on solar panels. I t  appears 
that the demagnetization of these panels was successful 
primarily due to the fact that the Kovar was in the shape 
of long strips and wires and these elements were all 
aligned in the same direction. Because of this, it was pos- 
sible to demagnetize the panels by a single demagnetizing 
field in the direction of this long dimension, and the effects 
of the Earth’s field could be virtually eliminated by orient- 
ing this demagnetizing field at right angles to the Earth’s 
magnetic field. 

In this study, both 60-cps and 0.05-cps demagnetization 
was used. The 60-cps demagnetization proved to be 
slightly better here. It is believed this was due to the 
manner of generating the 0.05 cps field by means of a 
programmed DC power supply and a polarity reversing 
switch. With a power supply capable of 100-amp current, 
it is difficult to adjust it so that it approaches zero properly 
with the programming control. As a result, it is believed 
that the minimum attainable field was too high. 

The solar panels are more magnetic than the remainder 
of the spacecraft, but because of their configuration and 
the fact that the material is relatively soft, they can be 
more easily demagnetized. Before it can definitely be 
stated that solar panels with Kovar bus bars can be ac- 
cepted with an assurance of stability, some investigation 
of its stability as a function of shock in low field environ- 
ments would be needed. In the absence of information on 
the relationship between magnetization and shock or vi- 

bration the only certain way to insure magnetic stability 
is by continued restriction of the use of magnetic materials 
in spacecraft where magnetic field control is a require- 
ment. 

2. Mariner PTM Demagnetization Study 

a. Introduction. In order to achieve a satisfactory 
spacecraft magnetic environment for the magnetometer, 
stability of the spacecraft field is required. An effort was 
made in the development of the Mariner systems to mini- 
mize the use of magnetic materials. Efforts to shield mag- 
netic components were also made. However, due to time 
and technology limitations, the spacecraft when assem- 
bled still had a large field at the magnetometer. The bus 
was observed to have a field of +30 gamma in the Z-axis 
direction of the spacecraft at the magnetometer. The solar 
panels were observed to contribute a field of approxi- 
mately -95 gamma. The net field was observed to be 
about -70 gamma at the magnetometer in the Z-axis 
direction. In order to reduce the size of this field, a de- 
magnetizing fixture consisting of two 7-ft parallel coils 
with a 7-ft separation, capable of a 100-gauss field was 
designed and built. The launch schedule did not permit 
development of a bus demagnetization program. The 
solar panels, however, were successfully demagnetized, 
reducing their field to less than -2 gamma at the 
magnetometer. In this manner the net field of the flight 
spacecraft was reduced to approximately 30 gamma at the 
magnetometer, resulting in an acceptable magnetometer 
environment. 

b. Purpose. In order to further determine the magnetic 
properties of a whole spacecraft, two series of tests were 
conducted on the Mariner Proof Test Model (PTM). The 
purpose of these studies was to determine (1) the feasi- 
bility of bus demagnetization, (2) the optimum procedure 
and equipment for demagnetization, (3) the desirability of 
standardized magnetization and demagnetization proce- 
dures for magnetic qualification tests on future spacecraft, 
and (4) the stability of the spacecraft field in various mag- 
netized and demagnetized states. 

c.  Test procedure. The first series of tests, which was 
performed on the PTM from 18 May to 24 May, con- 
sisted of demagnetization in the Earth‘s field at succes- 
sively higher starting field strengths in alternating pairs 
of Z and X-Y axis orientations and mapping the PTM 
field at the magnetometer position following each demag- 
netization. The demagnetization coils and the mapping 
technique used for the previous solar panel tests were used 
in these tests. For magnetization and demagnetization in 
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the X-Y plane of the PTM, both 7-ft coils were used with 
a separation of 7 ft, and the PTM was suspended between 
them by an overhead crane. For demagnetization in the 
Z-axis, one 7-ft coil in a horizontal position was used. A 
0.05-cps rectangular pulsed AC power supply with pulses 
of 3-sec duration was used to excite the coils. The in- 
ductance of the coils eliminated excessively rapid and thus 
damaging fluctuations in the demagnetizing field. The 
starting amplitude of the demagnetizing field on the final 
X-Y and Z-axis demagnetization was 80 gauss, and the 
exponential decay times of the amplitude were 24 and 18 
min, respectively. As shown in Table 2, the minimum 
permanent field of the PTM was obtained by the 80-gauss 
X-Y demagnetizing resulting in a +17 gamma Z-field, a 
+0.5 gamma Y-field, and a -0.5 gamma X-field. The field 
a t  the magnetometer position was measured with the PTM 
in four orientations created by 180-deg rotations about the 
vertical and horizontal axes at the magnetometer position. 
This allowed the net permanent PTM field to be deter- 
mined by taking the difference of the actual field meas- 
ured in opposite directions on the X, Y, and Z axes. In this 
way, the effects of fields induced in the F'TM by the 
Earth's field were eliminated. Between each measurement, 
the PTM was withdrawn to effective infinity for calibra- 
tion purposes, and two series of four measurements were 
made for each mapping, giving an accuracy of about 1 
gamma. The magnetic tests were then interrupted by 
other uses of the PTM. Systems checkout test revealed no 
degradation of the PTM components due to the demag- 
netization fields. The use of a low-frequency field which 
allows large field strengths without inducing more than 
the specified limit of 100 mv in any circuits was thus 
found satisfactory. A Fourier analysis of the field wave 
form showed that only the first and third harmonics had 
significant amplitudes. 

Table 2. First demagnetization test series results 

Max field 
strength, 

gauss 

None 

5 

5 

10 

10 

2 0  

25 

40 

40 

8 0  

80 

Orientation 

None 

X-Y-plane 

Z-axis 

Z-axis 

X-Y-plane 

X-Y-plane 

Z-axis 

Z-axis 

X-Y-plane 

X-Y-plane 

Z-axis 

Measured field, gamma 

H,. 

+ 4  

+ 3  

- 1  

+ 2  

- 2  

- 2  

- 1  

- 1  

- 5  

- 1  

-5  

+ 4  

+ 2  

+ 2  

+ 2. 

- 3  

0 

- 1  

- 1  

0 

+ 1  

- 1  

HZ 

+ 3 1  

+ 28 

+ 3 0  

+ 29 

+ 23 

+ 23 

+ 21 

+ 2 0  

+ 1 9  

4- 17 
+ 17 

A second series of tests was carried out on the PTM 
from 3 August to 6 August. Because of the previous in- 
ability to demagnetize the bus to a field of less than 17 
gamma at the magnetometer, it was decided to attempt to 
lower the ambient field during demagnetization by using 
two pairs of large coils to buck out the Earth's field. These 
bucking coils made use of two pairs of wooden ring forms 
from a 10-ft three-axis Helmholz coil set. One pair was 
lengthened 21 in. to allow enough room for the demag- 
netizing coils, and both pairs were wound with 50 turns 
of wire on each coil. The spacing of coils was 5 feet for 
both pairs, which was the proper Helmholz spacing. As 
was expected, the field produced by these coils was not 
uniform, but an order-of-magnitude improvement within 
the spacecraft area over the Earth's field was obtained. 
For the two demagnetizing coil configuration, used for 
X-Y plane demagnetization of the PTM, both bucking 
coils were used with the axis of the lengthened pair 
aligned with the Earth's vertical magnteic component and 
with the axis of the other pair aligned with the Earth's 
horizontal component (Fig. 1). This configuration pro- 
duced a field ranging from -3600 gamma to +3000 
gamma within the PTM hexagonal bus area. For the 
single demagnetization coil configuration, used for Z-axis 
demagnetization of the PTM, only the lengthened pair of 
bucking coils was used, and its axis was aligned with 
that of the Earth's total field (Fig. 2). This configuration 
was very satisfactory and reduced the field in the area of 

Fig. 1. X-Y plane demagnetization configuration 
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interest to a range of from -1600 to +ZOO0 gamma. An 
extensive series of both magnetization and demagnetiza- 
tion tests with various PTM orientations was made. Three 
to five half-cycles of the pulsed power supply were used 
to drive the main coils for magnetization tests and a decay 
period of about ten minutes was used for the demagneti- 

zation tests. The field observed after these tests is listed 
in Table 3. 

d. Conclusions. These tests showed that the magnetic 
field of the PTM could be significantly decreased even in 
an Earth's ambient field. The lowering of the ambient 
field during demagnetization allowed the PTM residual 
field to be lowered significantly further to a value of +4.3 
gamma in the Z-axis direction, -4 gamma in the X-axis, 
and 0 gamma in the Y-axis. The magnetization tests 
showed that the spacecraft was more than twice as sus- 
ceptible to magnetization in the Z-axis than in the X-Y 
plane. Magnetization along one axis and demagnetization 
along another showed that maximum spacecraft demag- 
netization requires demagnetization along three perpen- 
dicular axes in a low ambient field. The negligible change 
in the PTM field during the 2 months of systems tests and 
encounter operations showed that this magnetic state of 
the PTM was relatively stable. Vibration testing had been 
considered, but the strong magnetic fields of the shakers 
give this type of test little significance. The maximum 
possible change in the spacecraft field is shown by the 
difference in the fields retained after magnetization and 
demagnetization. This type of test will probably be re- 
quired of future spacecraft to determine their magnetic 
properties. Since previous studies of solar panels indicated 
that the demagnetized state is the most stable, the process 
of demagnetization for a whole spacecraft worked out 
during these tests could also be applied to future space- 

Fig. 2. Z-axis demagnetization configuration craft. 

Table 3. Second demagnetization test series results 

Max  field 
strength, 

gauss 

None 

40 
40 
25 
40 
50 
80 
40 

25 
40 
25 

40 

50 
80 

40 

Orientation 

None 

X-Y plane 
Z-axis 
Z-axis 
Z-axis 
z-axis 
Z-axis 
Z-axis 

X-Y plane 
X-Y plane 
X-Y plane 

X-Y plane 

X-Y plane 
X-Y plane 

X-Y plane 

Mode 

None 

Demagnetization 
Demagnetization 
Magnetization 
Demaanetization 
Magnetization 
Demagnetization 
Demagnetization 

Magnetizotion 
Demognetization 
Magnetization 

Demagnetization 

Magnetization 
Demagnetization 

Demagnetization 

~ ~~~ 

Measured field, gamma 

H,. 

- 5  

-6  
-6 
+ 2  
- 5  

- 10 
-6 
-6 

+ 43 
-6 
-41 

-6 

4- 72 
$7 

-4 

H t, 

- 1  

+ 1  
0 

+ 27 
n 

-52 
0 
0 

- 40 
+ l  
- 32 

0 

- 68 
- 1 1  

0 

HZ 

+ 17 
+ 8  
+ 4  
+ 132 
+ 4  
- 205 
t 3  
+ 4  

+ 21 
t 3  
+ 12 
+4 

+ 29 
+ 10 

+ 4  

Notes" 

Two demagnetization 
with change of 90' 

90' to previous 
demagnetization 

90" to previous 
demagnetization 

90" to previous 
Magnetization 

90" to previous 
demagnetization 

90" to previous 
demagnetization 

IlaII rotations are about Z-axis 

. . . 
. I  , 7 
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C. Systems encounter operations for Mariner IV (MC-3), and the 
generation of documents. 

I .  Mariner Mars 7 964 Space Flight Operations 

Mariner Mars 1964 Space Flight Operations (SFO) 
activities, covering the reporting period July and August 
1965, have been directed toward the coordination and 
participation in encounter tests, encounter, and post- 

a. SFO encounter tests. A final series of two (2) en- 
counter tests were conducted using the Mariner Proof 
Test Model (PTM), simulated data and the flight space- 
craft as the data source. These tests exercised the SFO 

Table 4. Encounter events that occurred on July 14 and 15 

8 

Command 

DC-25 

MT-7 

DC-24 

DC-3 

WAA 

DC-16 

NAA 

DC-26 

DC-2 

MT-8 

MT-9 

Event 

Encounter science on; 
starts plotform scan 

CC&S nominal command 
to start encounter 
sequence, now backup 
to DC-25 

Stop Icon platform 

Transfer to telemetry 
data Mode 3, all 
science data 

Wide-ongle acquisition 
scan platform's wide- 
angle Mars sensor acquires 
planet, automotic backup 
to DC-3 

Backup to NAA 

Narrow-angle acquisition 
scan platform's narrow- 
angle Mars sensor acquires 
planet; starts video 
storage subsystem (VSS 
or tape recorder) 

Backup to automatic S /C  
tape recorder turnoff 

Turn on cruise science 
and telemetry doto Mode 
2; v3 engineering, 
'/3 science data; series 
of six commands 

S /C  closest approach 
to Mars 

S/C enters occultation; 
goes behind Mars and 
S/C radio (RF) trans- 
mission signal to Earth 
blanked out by planet 

and RF signal received 
on Earth 

S/C exits occultation 

CC&S commond to turn 
off encounter science; 
automatic bockup to DC-26 

Cruise science off and 
switch to data Mode 4/1, 
VSS recorded data/ 
engineering data; 
initially Mode 1 only 

S/C VSS start transmission 
TV picture 1, telemetry 
data Mode 4 

Transmit, GMT 

14:27:55 

17:10:18 

22:10:29 

00: 1 1 :57 

00:3 1 :42 

00:32:40 
00 :3 7 :oo 
00:42 :00 
00:4700 
00:52:00 
00:570O 

Spacecraft 
received, GMT 

14:40:32 

15:41 :49 

17:22:55 

2 2 :23 :07 

23 :42 :4 1 

00:24:36 

00:44:21 

0045:19 
00:49:39 
00:54:39 
00:59:39 
01 :04:39 
01 :09:39 

01 0 0 5 8  

02:19:1 1 

03:13 :04 

05:Ol :49 

11:41:49 

12:49:54 

Verified-in 
data. G M l  

14% :3 1 

15:53:49 

17:34:55 

22:35:08 

23:54:42 

00:36 :37 

00:29:59 

00:56:22 

00:57:20 
01 :01 :40 
01 06:40 
01 :1 1 :40 
0 1 : 1 6:40 
01 :21:40 

- 

02:3 1 :12 

0 3 2 5 0 6  

0 5 1  3 3 2  

1 1 5 3 5 3  

130158 
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Command 

DC-28 

DC-26 

DC-2 

System operational and technical personnel in the system 
and procedures to be used during the Encounter Phase 
of the mission. These tests were entitled Encounter- 
Operational Readiness No. 2 and Encounter-Operational 
Readiness No. 3. 

Transmit, Verified-in 
GMT data, GMT Event 

Turn on battery charger 03 :08 :33 03:36:03 

Turn off planet science, 03:14:33 03:42:09 
cruise science, and 
battery charger 

and turn on cruise science 
Switch to telemetry Mode 2 03:20:33 03:48:03 

b. Flight operations for Mariner IV (MC-3). During 
the two most crucial months of the mission (July and 
August 1965), spacecraft performance was excellent, with 
the following major events occurring: 

Cruise Events; Pre-Encounter. 

(1) Central Computer and Sequencer (CC&S) cyclic 
Nos. 78 through 82 were observed on schedule, one 
every 66% hr. 

(2) Disturbances in the roll channel of the attitude con- 
trol subsystem were observed on July 3 ,5 ,6  and 12. 

Planetary Encounter. Events that occurred on July 14 
and 15 are listed in Table 4. 

Post-Encounter Ecents. 

(1) First playback of TV picture No. 1 through the 
22nd line of picture No. 22 began on J d y  15 at 
13:01:58 GMT (Mode 4 in data) and ended on 
July 24 at 19:26:33 GMT (end of Mode 4 in 
data). The playback sequence included 8 hr, 35 min 
of TV Science data (Mode 4) and 1 hr, 57 min of 
engineering data (Mode 1) for each complete 
picture. 

(2) Second playback of TV picture No. 1 through the 
22nd line of picture No. 22 began on July 24 at 
21:21:53 GMT (Mode 4 in data) and ended on 
August 3 at 03:35:40 GMT (end of Mode 4 in data). 

(3) Return of the spacecraft to cruise mode on August 
3, 1965 was effected by the sequence of events 
listed in Table 5. 

Table 5. Commands that effected the return of the 
spacecraft to cruise mode on August 3 

Cruise Events; Post-Encounter. 

(1) Disturbances in the roll channel of the Attitude 
Control Subsystem were observed on August 5. 

(2) CC&S cyclic Nos. 90 through 100 were observed 
on schedule, one every 66% hours. 

(3) The plus-Y solar vane moved in the adaptive mode 
with a one-DN change. 

(4) A Mariner IV Mars TV calibration encounter se- 
quence (second record) was attempted on August 
21, 1965, GMT. 

The primary objective of the TV calibration sequence 
was an in-flight calibration (black space) on the perform- 
ance of the TV/Recording Subsystems in order to maxi- 
mize the usefulness of the TV data obtained during 
planetary encounter. Especially valuable was to be the 
information acquired during the gain-stepping sequence 
of the TV Subsystem. It was planned to perform an en- 
counter via ground command with the scan platform 
oriented toward the black space. The four or five pictures 
representing the different TV gain settings were to be 
played back in order to provide a map of the vidicon 
target surface for a black background at the various 
gains. 

A secondary objective was to take TV pictures of 
Altair, a first-magnitude star in the constellation Aquila, 
which was within the Mariner IV Television Subsystem 
cone angle of view on August 21, 1965, GMT. 

This sequence was canceled because of technical diffi- 
culties with the command transmitter. Commands that 
were sent to the spacecraft on August 21 are listed in 
Table 6. 

c. SFO documents. Mariner ZV Progress Repoi-ts. The 
purpose of the Mariner ZV Progress Report is to present 
information on the performance of the niariner i V  jiviC-3) 
spacecraft and to report, in general terms, the perform- 
ance of the SFO System. Progress Report No. 4 covered 
the period of May 1, 1965 to May 31,1965 (Launch + 155 
days to Launch + 185 days) and was published on 
July 5, 1965. 

Mariner Mars 1964 Technical Bulletins. The Mariner 
Mars 1964 Technical Bulletins are issued daily and report 
the daily status of the Mariner Mars 1964 Mission. Tech- 
nical Bulletins 215 through 276 were issued during July 
and August 1965. 

9 
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Table 6. TV calibration commands that were sent 
to the spacecraft on August 21 

I I I 

Spacecraft I Verified-in I GMT I received, GMT data, GMT Command 

DC-25 

DC-28 

DC-28 

DC-26 

DC-26 

DC-2 

DC-2 

DC-2 

DC-2 

DC-2 

DC-2 

DC-2 

22:2200 

23:20:00 

23:2200 

23:28:13 

23:30:13 

23:32:13 

23:34:13 

23:39:00 

23:4400 

23:49:00 

23:5400 

23 :59:00 

22:37:2 1 

23:35:21 

23 :37:2 1 

23:43 :34 

23 :45:34 

23:47:34 

23 :49:34 

23:54:2 1 

23:59:21 

00:04:2 1 

0009:2 1 

00:14:21 

22:5204 

2 3 5 0 0 5  

23.52:05 

23:5805 

00.00:05 
0 0 0 2 0 5  

00:04 :05 

0 0 0 9 0 5  

00: 14:05 

00:1905 

00:24:05 

00:2905 

Space Flight Operations Plan (EPD-122, Addendum I ) .  
This addendum describes the plan for the Encounter and 
Post-Encounter period of the Mariner Mars 1964 Mission. 
This addendum was published on J d y  5, 1965. 

Mission Erjents Flow Diagram. The purpose of this 
diagram is to display all events, in flow diagram form, 
that occur during the mission. Daily updating of this 
diagram continues. 

D. Spacecraft Design 
I .  Introduction 

Mariner IV flight data indicated that the structure, 
electronic cabling, mechanical devices, and the electronic 
packaging performed as designed. Flight telemetry was 
obtained which verified the proper operation of various 
mechanical devices. Life tests were completed on a num- 
ber of mechanical components (Fig. 3); no significant 
degradation was observed. 

Monitored temperatures remained within allowable 
limits throughout flight (Table 7). These temperatures 
were generally lower than prelaunch predictions, but 
other flight thermal performance was essentially as ex- 
pected, The absorptivity standard (Fig. 4) provided good 
information regarding the degradation of thermal control 
surfaces in space, and a better appreciation of the lim- 
itations of space simulator testing was obtained. 

U0 . 
U 

Fig. 3. Mechanical components life test, 
side and top views 

CHANNEL 412 
ARF-2 WHITE 

I 'i I 
I. 24 l*db 

, / CHANNEL 433 1.20 
POLISHED ALUMINUM 

0 H 1 0 1  
1.16 fl IX I I 

1 "SHIFTED I I 

"4 - - i 4 S I L I r N E  - 

@-=CHANNEL 432 CAT-A-LAC BLACK - 

096 1 I I 1 ' I I I I I I I I I I I I I I I -  
8 18 28 7 17 27 6 16 26 8 18 28 7 17 27 7 17 27 6 16 26 

DEC JAN FEE MAR APR MAY JUN 

Fig. 4. Mariner IV absorptivity standard ratio 
versus time 
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40 1 

42 1 

402 

423 

404 

424 

405 

426 

407 

408 

428 

409 

429 

410 

430 

41 1 

43 1 

434 

435 

436 

437 

41 8 

438 

419 

439 

217 

218 

219 

BCruire science 

Table 7. Mariner IV flight temperature evaluation 

Bay 1 

Boy 2 

Boy 3 

Boy 4 

Bay 5 

Crystal oscillator 

Bay 6 

Boy 7 
Power regulator 

Midcourse N1 

Battery 

SP 4A1 

SP 4A5 

Canopus sensor 

Lower ring 

Scan actuator 

Upper ring 

Upper shield 

lower shield 

Tape recorder 

Spits 

TV 

TRD 

Ion chamber 

Magnetometer 

Midcourse fuel 

A/C X / - Y  N2 

A/C - X / Y  N: 

off. bErtimated. 

Channel Temperature 
measuremenl 

Earth cruise 

1 1-30-64 
O F  

76 

71 

70 

72 

66 

72 

71 

63 

95 

70 

75 

136 

136 

60 

63 

71 

87 

223 

-126 

68 

37 

38 

81 

70 

34 

72 

70 

71 

Predicted 
O F  

89 

85 

74 

80 

69 

77 

75 

68 

106 

83 

85 

150 

150 

62 

69 

82 

104 

268 

- 95 

71 

46 

46 

97 

100 

54 

80 

78 

76 

Mars cruise 

7-13-65 
O F  

60 

41 

51 

54 

60 

69 

70 

58 

83 

47 

60 

9 

11 

52 

55 

50 

46 

82 

131 

58 

14 

13 

49 

- 19 

- 35 

49 

54 

51 

Predicted 
O F  

62 

46 

55 

57 

60 

69 

73 

57 

87 

51 

64 

20 

20 

51 

56 

53 

52 

110 

~ 105 

60 

26 

26 

55 

10 

~ 19 

52 

54 

53 

12-5-65 
Midcourse 
maximum, 

O F  

88 

94 

73 

75 

73 

74 

73 

70 

114 

136 

81 

135 

134 

68 

72 

77 

109 

221 

- 126 

70 

39 

39 

84 

95 

102 

84 

77 

76 

6-2-65 
Playback" 
minimum, 

O F  

54 

33 

34 

47 

59 

68 

69 

57 

77 

38 

57 

8 

9 

49 

53 

44 

37 

BO 

- 131 

58 

9 

9 

39 

-28" 

- 68 

39 

50 

45 

Operating 
temperature 

limits, 
O F  

14 to 167 

35 to 125 

14 to 122 

14 to 167 

14 to 149 

14 to 167 

14 to 167 

30 lo 131 

14 to 167 

35 to 125 

40 to 140 

10 to 175 

10 to 175 

0 to 100 

-300 lo 300 

-30 to 200 

-300 to 300 

-200 to 300 

-200 to 300 

14 to 149 

-20 to 122 

-4  to 104 

14 to 122 

-22 to 158 

-40 to 131 

35 to 125 

40 to 140 

40 to 140 

2. Spacecraft Structure and Mechanisms 

a. Flight results. Because the function of all the struc- 
tural and many of the mechanical items is passive after 
launch, little telemetry is transmitted about the perform- 

of these components can only be deduced from other 
flight information. This is also true in the case of the 
electronic packaging design and the electronic cable 
harnessing. All information gained during the flight indi- 
cates that the structure, electronic cabling, mechanical 
devices, and the electronic packaging design performed 
as designed. Telemetry was recovered in flight on the 
performance of the following mechanical devices : 

aiice of these iteiiis. AS 2 ~ ~ i i ! t ,  the iii-fligh: p e r f ~ r m a ~ c c  

Separation Initiated Timer and Pyrotechnic Arming 
Switch. Telemetry event indications verified that either 

the pyrotechnics arming switch (PAS) or the separation- 
initiated timer (SIT) energized the pyrotechnics control 
assembly (PCA). The PAS closure arming the PCA was 
designed to occur at  spacecraftiAgena separation; the 
SIT switch closure was a backup designed to occur about 
40 sec after separation. I t  was not determined whether 
the PAS or the SIT energized the PCA, because telemetry 
data covering spacecraft separation were not available 
during that time. 

The first available data encoder event counter indica- 
tions were received about 3 min after separation. The 
telemetry indicated a normal SIT-actuated solar panel 
deployment and unlatch of the planetary scan platform. 

Solar Panel Deployment. Telemetry indications from 
the solar panel deploy switches through the data encoder 

1 1  



JPL SPACE PROGRAMS SUMMARY NO. 37-35, VOL. I I  

event counters indicated that each of the four panels had 
released by the pyrotechnic pin-pullers and had been 
deployed by the panel deployment springs to within 
20 deg of the full-open position. Temperature and power 
measurements later confirmed panel deployment. 

Cruise Damper and Latch. Based on the successful 
midcourse maneuver, it is deduced that the panels did 
deploy and latch in the fully-open position and that any 
panel excursions during the motor firing were adequately 
damped. Had the dampers and latches failed to perform 
as designed, the center-of-gravity shifts caused by mis- 
aligned or excessively vibrating panels would have de- 
graded the accuracy of the maneuver. 

Scan Actuator. The scan actuator was operated during 
thc science cover drop exercise for approximately 11 scan 
cycles. During the scanning period of 127 min, in which 
the actuator functioned normally, the average scan cycle 
was 11 min 52.9 sec. 

At Mars encounter, the actuator again operated within 
the design limits. During the 108 min of operation, the 
average scan cycle time was 11 min 53.2 sec. An analysis 
of the scan reversal points verified that the actti, ‘1 t or re- 
versed at the first set of limit switches. 

The scan actuator was pressurized to 30 psia when it 
was assembled. At launch the pressure was 29.5 psia. 
During the science cover drop and at encounter, the pres- 
sure was 28.8 psi and 26.6 psi respectively. This decrease 
in pressure is attributed to seal leakage and porosity in 
the magnesium actuator cover. 

Scan Inhibit Switch. The data encoder event register 
indicated that the scan inhibit switch functioned as de- 
signed when the pin-puller latching the science platform 
was fired at spacecraft injection. The subsequent success- 
ful operation of the scan actuator verified this conclusion. 

Science Platform Cooer. On the 75th day of the flight, 
the single-shot science cover solenoid, initiated from the 
PCA, successfully unlatched the science cover. The 
proper deployment of the cover was verified by a change 
in the DN of the spacecraft identity channel (414) and 
by a decrease in the platform temperature. 

b. Mechanical devices life test. To ascertain the long- 
term effects of the space environment on the science scan 
system mechanical components and oil-filled devices, a 
life test was performed on the (1) science scan actuator, 
(2) science cover actuator, (3) separation initiated timer, 
and (4) solar panel boost and cruise dampers. The com- 

ponents were placed in the 30- X 50-in. horizontal vacuum 
chamber in such a way that they were completely baffled 
from the other components to minimize the cross- 
contamination of one unit by another. Fig. 3 shows thcb 
setup used, with the scan system on one side and thc 
individual compartments for the components on the other 
side. Condensing mirrors were placed at the entrance of 
each compartment to trap any outgassing products. The 
condensing mirrors were held at -50@F, and the vacuwn 
chamber walls were maintained at 130@F. The pressurc 
was lo-’ torr or lower for the duration of the test. In 
addition to the condensing mirrors, the weights of the 
components both before and after the life test were 
recorded as an additional measure of oil leakage. 

The science scan actuator was operated for 14 hr each 
day for the first 50 days, and the science cover actuator 
solenoid once each day during the snmr period. The 
separation timer and the dampers soaked in the thernial- 
vacuum environment during the test time (6 months) to 
determine the amount of oil leakage and the possible 
effect on spacecraft performance. The scan actuator was 
restarted in the final week and operated for 14 hrlday. 

Several problems were uncovered during the test, but 
in every case they were traced to a problem in the sup- 
port equipment and not to the spacecraft hardware itself. 
One problem was that the liquid nitrogen line to the 
chamber cold trap was inadvertentiy interrupted allow- 
ing previously outgassed products to migrate into the 
chamber and condense on the mirrors. This heavy coat- 
ing of oil on the mirrors prevented the optical detection 
of silicone oils as used in the spacecraft hardware. 
Chemical analysis of thc oil coating, howcvcr, showed no 
traces of silicone base oils. The weights of the test items 
after the test indicated that a very small amount of some- 
thing had outgassed but the amount was so small that 
effects on the spacecraft would be unnoticed. 

The scan actuator was operated a total of 1220 hr, and 
the science cover actuator a total of 90 times. This length 
of operation had no detrimental effects on these units. 
The dampers and separation initiated timers also func- 
tional as designed after the test. 

3. Temperature Control 

a. Flight results summary. Table 7 lists flight tempera- 
tures for thermally critical event times and compares 
these data with pre-launch predictions and prescribed 
limits. Monitored temperatures remained within allow- 
able limits throughout flight. Flight temperatures were 

1 2  
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120 160 200 240 2E 40 80 

TIME OF FLIGHT, days 

Fig. 5. Mariner IV flight temperatures of Bays 1 through 8 
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generally lower than pre-launch predictions because 
simulator tests were conducted at higher solar intensities 
than those seen in flight. 

Figs. 5 through 22 show flight temperature-time his- 
tories. Also plotted for comparison are predicted per- 
formance curves based on initial flight temperatures and 
space simulator test results. Agreement is seen to be 
generally good. 

DEC JAN FEB MAR APR MAY JUN JUL AUG 

I60 28 18 
4 27 16 8 28 17 7 27 16 6 26 15 4 

120 

w' 
[L - PREDICTION 3 5 80 
W n 
E 
I- 40 

I I I I y u  
01 

0 40 80 120 160 200 240 280 

TIME OF FLIGHT, day6 

Fig. 6. Mariner IV crystal oscillator flight temperatures 

DEC JAN FEE MAR APR MAY JUN JUL BUG 

TIME OF FLIGHT, days 

Fig. 9. Mariner IV solar panel flight temperatures 

TIME OF FLIGHT, days 

Fig. 7. Mariner IV midcourse nitrogen flight 
temperatures 
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Fig. 8. Mariner IV battery temperature prediction 
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Fig. 10. Mariner IV Canopus sensor flight temperatures 
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Fig. 11. Mariner IV lower ring flight temperatures 
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Fig. 12. Marinor IV scan actuator flight temperatures 
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Fig. 14. Mariner IV upper thermal shield flight 
temperatures 

DEC JAN FEB MAR APR MAY JUN JUL AUG 
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TIME OF FLIGHT, days 

Fig. 13. Mariner IV upper ring flight temperatures 

Fig. 23 shows transient data of interest. The transient 
behavior of the spacecraft in flight was similar to that 
exhibited during pre-flight tests. 

b. Discussion. Cruise Temperatures. As shown in 
Table 7, initial cruise temperatures were considerably 
lower than predicted on the basis of space simulator test- 
ing. Those items most sensitive to the solar input had the 
largest discrepancies. The ion chamber and associated 
electronics was 30°F cooler than predicted; the mag- 
netometer sensor was 20°F cooler, and the solar panels 
were 15OF low. 

TIME OF FLIGHT, days 

Fig. 15. Mariner IV lower shield flight 
temperatures 

DEC JAN FEB MAR APR MAY JUN JUL AUG 

TIME OF FLIGHT, days 

Fig. 16. Mariner IV tape recorder flight 
temperatures 

15 



JPL SPACE PROGRAMS SUMMARY NO. 37-35, VOL. II 

DEC JAN FEE MAR APR MAY JUN JUL BUG DEC JAN FEE MAR APR MAY JUN JUL AUG 

TIME OF FLIGHT, days 

Fig. 17. Muriner IV vidicon flight temperatures 
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Fig. 19. Mariner IV ion chamber flight temperatures 
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Fig. 20. Mariner IV magnetometer flight temperatures 

TIME OF FLIGHT, days 

Fig. 18. Mariner IV trapped radiation detector 
flight temperatures 

Post-launch checks in the JPL 25-ft Space Simulator 
indicatc that the spacecraft was probably tested at a 
solar intensity that was 11% high at Earth cruise and 
17% high at Mars cruise. The Absorptivity Standard black 
and gray samples agree with these findings, as do the 
solar panel temperatures. The problem appears to have 
been caused by improper calibration or interpretation of 
the reference thermopile, but no significant source of 
thermopile error has yet been discovered. 

The above discrepancy does not provide the whole 
answer to incorrect flight temperature prediction, how- 
ever, since different components indicated different 
amounts of intensity mismatch. For example, the solar 
panels, bus, and ion chamber results require 10, 20, and 
30% reductions, respectively, to explain the flight results. 
After correcting for the solar intensity, however, flight 
temperatures are within the expected prediction accuracy. 
The remaining errors are associated with the failure to 
correct for inherent space simulator limitations, such as 
decollimation of the solar beam and extraneous inputs 
of thermal radiation. The Mariner IV flight data has 
resulted in an improved understanding of these error 
sources. 
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Fig. 21. Mariner IV midcourse fuel flight 
temperatures 
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Fig. 23. Encounter transient temperature data 
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Fig. 22. Attitude control nitrogen (+ X /  - Y) and 
( - X / + Y )  flight temperatures 

D e  11 a I’ t u r e s  F I -  o m P o s t  - L u t i  nc  h P r e  tl i ct  i o n s. 
Temperature-tiine predictions, based on initial flight data 
and simulator test results, are shown in Figs. 5 to 22. Cor- 
relation with actual temperatures is generally good, sub- 
ject to the following considerations. 

A flight anomaly, apparent on inspection of predicted 
versus actual flight data, was that induced by incorrect 
solar panel temperatures during simulator tests. The 
dummy panels were forced to 150°F and O O F  at  Earth 
and Mars, respectively. Corresponding flight temperatures 
are 135OF and 10°F. On the basis of these tests, the 
Earth-to-Mars temperature drop was overestimated for 
bays which have radiative inputs from the panels (pri- 
marily odd-numbered bays). The resultant error is small 
and conservative, but the requirement for careful test 
interpretation is clear. 

The magnetometer temperature gradually departed 
from the predictions, as shown in Fig. 20. By Mars en- 
counter, the magnetometer was 6’F below the anticipated 
temperature. This instrument had significant heat inputs 
from both the Sun and internal power dissipation, and a 
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deficiency in either input could cause such a drop. The 
playback mode turn-off of the magnetometer produced a 
smaller temperature drop than experienced during simu- 
lator tests, however; and this result gives a firm indication 
of below-normal power dissipation in the unit. 

The lower thermal shield temperature was somewhat 
below that observed during simulator tests, and the tem- 
perature drop during flight was slightly less than ex- 
pected. These data indicate that a small heat input 
(about 2% of a solar constant) to the bottom of the bus 
existed during the simulator tests. 

Launch and Maneuoer Transients. Launch tempera- 
tures were sufficiently low to prevent overheating during 
ascent, parking orbit, and Sun acquisition. The launch 
azimuth resulted in a moderate thermal environment. The 
spacecraft separation occurred in the shadow of the 
Earth, and the Sun acquisition time was relatively short. 
At Sun acquisition, the temperature of the Canopus 
tracker (100°F upper limit) was 74°F. A shroud-off veri- 
fication was obtained during the parking orbit by com- 
paring the temperatures of two solar panels. 

No constraint was placed on the midcourse maneuver 
for thermal reasons. The -40 deg pitch selected did not 
cause extreme solar inputs. A mild heating transient was 
caused by the increased solar heating, increased power 
dissipation, and motor burn. All temperatures remained 
within acceptable limits. The magnetometer sensor heated 
more rapidly than expected; the discrepancy stemmed 
from an oversimplified transient thermal analysis. Many 
of the maneuver events were verified by observation of 
changes in spacecraft temperature distribution. A quali- 
tative confirmation by temperature measurements was 
obtained for changes in power distribution, extent and 
direction of pitch and roll turns, and motor firing. 

Thermal Effects of lnternal Power Changes. Gyro turn- 
ons during the early days of flight caused some variation 
in bus temperatures, particularly in Bay 7. Long-term 
gyro operation caused a 10°F rise in temperature in this 
bay. 

Fifteen days after launch, the power amplifiers were 
switched in the radio transmitter in Bay 6. The resulting 
increase in power dissipation resulted in a 9°F increase 
in the temperature of Bay 6 and a general increase of 
1°F in the bus temperature. These changes were very 
nearly the same as experienced in preflight space simu- 
lator tests. 

The cover drop and battery charger turn-off on the 
75th day of flight combined to lower bus and scan plat- 
form temperatures. Bay 1 dropped 5°F and cooled adja- 
cent bays slightly. The scan platform temperature 
dropped 8°F due to the increase in unblocked radiation 
area and decreased heat input from the bus. Since the 
Mars cruise temperature predictions were based im- 
plicitly on a “charger-off condition, the bus tempera- 
tures after the turn-off were nearer the nominal values. 

The slight rise in TV temperature at the beginning of 
the scan sequence coupled with the temperature drop 
after TV turn-off provided confirmation of normal TV 
power dissipation and of a normal science cover drop. 
These data are in good agreement with corresponding 
space simulator results. 

Encounter and Playback Results. Encounter warming 
transients were similar to those experienced during the 
cover drop exercise. Fig. 23 compares flight data with 
MC-2 space simulator results. The battery charger 
turn-off earlier in flight resulted in more pronounced 
temperature rises at encounter than occurred during cor- 
responding simulator tests (Le., the net power increase 
was greater in flight than in tests). 

Bus temperatures (particularly Bay 3) showed a sizable 
temperature drop during the playback sequence due to 
the tiim-off of cruise science. This drop averaged about 
1°F more than experienced in pre-flight tests, probably 
because louvers were more nearly closed (and therefore 
less effective) in flight. The magnetometer temperature 
drop was 12OF less than expected, which indicates that 
the power dissipation in this sensor was less than had 
been assumed. A gradual decrease in power consumption 
during the flight seems likely. The ion chamber tempera- 
ture transducer dropped off -scale during playback which 
prevented an estimation of this unit’s power consumption. 
Such an estimate would have been very helpful in failure 
mode analysis. 

Bus temperatures returned to their pre-playback levels 
at  the end of playback. This repeatability rules out louver 
hysteresis caused by bearing friction. 

Overall System Performance. The flight results indicate 
that the thermal design succeeded and that all thermal 
control hardware functioned as designed. Discrepancies 
between predictions and flight data are attributable to an 
imperfect understanding of test data and spacecraft 
characteristics, not to hardware degradation or malfunc- 
tions. Specifically, louvers, thermal shields, and surface 
coatings used on Mariner IV reliably fulfilled mission 
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requirements. Louver position indicators showed only 
fair correlation with corresponding bay temperatures. 

c. Absorptivity standard flight results. The Absorptivity 
Standard has provided good information regarding the 
degradation of surfaces in space and the problems arising 
from the testing in the JPL space simulator. The deter- 
mination of (Y,? in space has not been successful because 
the radiation and conduction losses are too large. The 
ratio of ax at any given step to the as at the initial step is 
plotted in Fig. 4. 

One of the first results noticed was that the ARF-8 
paint was yellowing or degrading at a rate much greater 
than expected due to ultraviolet (UV) exposure. This has 
continued at  a pace about ten times as rapidly as meas- 
ured during the development of this coating. Subsequent 
LJV exposure tests on ARF-2 samples prepared at the 
same time as the flight surfaces show rapid degradation, 
raising the question of the validity of predicting a paint’s 
performance without additional tests of samples prepared 
and applied by the user. 

i t  was found that the wiring was reversed between the 
Cat-a-lac black and aluminum silicone sample sensors 
(P/FR 10112). The sensor idiosyncrasies made this deduc- 
tion concrete by mid- January 1965. This embarrassing 
problem probably is due to the cable harness being fab- 
ricated to an obsolete drawing. Once this error was dis- 
covered, the data for the Cat-a-lac black paint was very 
consistent and predictable, showing negligible degrada- 
tion. On February 13, 1965, another interesting event 
occurred (P/FR 10156) when the black sample switched 
a month prematurely. This is attributed to a design over- 
sight. The thermometers are insensitive to 100-g accel- 
erations when the mercury meniscus is within the 
capillary; but, when the meniscus extends into the gas 
chamber, the thermometer is vulnerable to shocks. Dur- 
ing midcourse maneuver the sample temperature was 
such that the mercury of the number-4 thermometer was 
probably advanced into the gas chamber and the accel- 
erations of the squibs and midcourse motor shook some 
mercury loose, changing the calibration. 

The aluminum silicone paint had degraded more than 
expected, but the degree is uncertain due to sensor cali- 
bration shifts. 

The polished aluminum sample has shown an early 
degradation greater than that due to the ARF-2 stripe 
alone. After the first two steps, the data paralleled the 
degradation due to the stripe alone. This would say that 

perhaps the metallic surface was vacuum cleaned early 
in the flight and then does not further degrade. Two 
P;FR’s were written against the sample. The third (final) 
step of the number-3 therinometer never occurred (P,/FR 
10179), and the first step of the number-4 thermometer 
occurred early (P/FR 10180). The missing step is attrib- 
uted to a broken thermometer, and the early step is due 
to the same design oversight mentioned for the black 
sample. 

The Absorptivity Standard showed that the space 
simulator has solar simulation intensity problems as well 
as spectral mismatch problems. Comparison of the simu- 
lator test and flight data of the black and aluminum 
silicone samples reveals that the simulator intensity was 
1056 higher than the simulator instrumentation said. The a 
of the ARF-2 and polished aluminum for the JPL solar 
simulation are, respectively, 37% and 9% greater than for 
sunlight. 

E. Guidance and Control 
I .  Mariner IV Attitude Control Performance 

From Launch Through Mission Completion 

The Mariner IV Attitude Control System has success- 
fully performed all required functions from launch 
through the post-encounter phase. Anomalies were dis- 
covered in the star-sensor roll-control system, the cold-gas 
thrusters, and in the solar vanes. The star-sensor problem 
was the only one requiring corrective action, this being 
accomplished by ground command. The following report 
is a discussion of these problems as they are viewed from 
the perspective of the successfully completed mission. 

a. Pitch and yaw controi. The pitch and yaw controi 
systems have performed in a very satisfactory manner 
throughout the entire flight. One outstanding anomaly 
is the fact that the minimum rate increment is twice 
what it should be, but this is a system problem that is 
also observed in the roll channel, and is discussed at 
length in the gas system section. The position deadband 
is k 8 . 6  mr, and the limit cycle rate increment is 
k18.4 pr/sec. The design value rate increment was 
&9.0 p/sec. 

b .  Roll control. The roll control system, like pitch and 
yaw, exhibits an excessive rate increment (50% too large). 
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The deadband is k4.5  mr, and rate increment is 214.0 
pr;sec; the design value rate was +9.0 p/sec.  

Roll Transients. The most significant problem in roll 
control is the roll transient problem. The perspective 
obtained from the long cruise period has clarified the 
previous theorizing about cause and effect. That is to say, 
the preponderance of evidence leaves little doubt that 
roll transients are caused by bright flashes, external to the 
spacecraft, detected by the star sensor. In the early days 
of the flight, extensive PTM tests gave no indication that 
the cause could be an internal, electrical problem. In 
addition, analysis seemed to rule out cosmic rays, or 
gamma rays interacting with the star sensor as a cause. 
The only reasonable theory left was the external flash 
hypothesis. In the early part of the flight, at a higher 
data transmission rate (12.6 sec between samples), there 
were several instances of excessive brightness samples 
coincident with roll transients. If the transients are 
caused by the bright flashes, the magnitude of the 
transients indicated that they must be of very short 
duration; in the order of <0.5 sec. This would explain 
why a flash is seldom detected at the time of a transient. 

The foregoing evidence suggested the usc of a radio 
ground command (DC-15), to de-activate the brightness 
gate logic to prevent loss of acquisition. The unqualified 
success of that decision is proved by the fact that, from 
that time, there was never a loss of acquisition in spite 
of about 40 transients that were observed. During this 
period, the low data rate of 50.4 sec between samples 
seemed to preclude the possibility of observing any 
flashes. Rut, if more corroboration were needed, a fortui- 
tous event occurred on June 9 when a ”-times Canopus 
brightness sainple was obtained coincident with a roll 
transient. 

The question still remains, what is the source of the 
bright flashes? The most suggestive evidence is the fact 
that out of the four times that the spacecraft was mechan- 
ically disturbed by ground command, at  two of these 
times, there were vigorous roll transients. The first time 
was at the initial midcourse attempt and the second was 
at  the time of the science cover drop exercise. The 
mechanical disturbances themselves could not possibly 
explain the transients, but it is very reasonable to suppose 
that particles were shaken from the spacecraft such that 
they floated by the star sensor, causing flashes. Before the 
flight, it was recognized that the extreme sensitivity of 
the star tracker made it possible to detect particles 0.005 
in. in diameter at 2500 ft from the sensor. However, it was 
not contemplated that the spacecraft itself could be a 
serious problem as a source of particles. 

An explanation was sought for the source of the con- 
tinuing roll transients taking place during the long cruise 
period. The hypothesis was advanced that “undetectable 
micrometeorites” striking the solar panels could detach 
surface particles which float by the tracker. Preliminary 
analysis indicated the possibility of some physical evi- 
dence for the micrometeorite impact hypothesis. This was 
based upon the observation of very small rate impulses in 
the pitch or yaw channels, correlated with roll transients. 
It was suggested that a micrometeorite struck a solar 
panel, imparting a pitch or yaw impulse, and dislodging 
a particle to cause a roll transient. Subsequent analysis 
has cast much doubt upon this interpretation with regard 
to the pitch and yaw impulses. These pitch and yaw im- 
pulses can easily be explained as cross coupling effects 
from the roll axis, due to gas jct and moment arm mis- 
alignment. The magnitude of the impulses is about 15% 
of the roll impulse, about the same observed in normal 
limit cycle operation. It is interesting that the polarity 
of the pitch and yaw impulses are always the same, 
independent of the roll polarity. This could be explained 
by the positive and negative roll jets having the same 
misalignment components about the pitch (or yaw) axcs. 

In addition to the previous discussion, it must be noted 
that there has never been a correlation of a roll transient 
with a space science micrometeorite detector event. How- 
ever, this fact, along with the foregoing discussion, does 
not rule out microineteorites as a cause for spacecraft 
particle generation. This hypothesis postulates micro- 
meteorites below the detectable level. What is now 
apparmt is that there is no proof for this hypothesis, even 
though it stands as the most reasonable explanation for 
continuing roll transients. 

Recommendations. One obvious solution to the roll 
transient problem is to provide logic circuitry to tie in 
the high brightness gate with the gyro shut-down signal. 
Whenever the gyros are off for cruise operation, the high 
gate would be removed, hence a bright flash would not 
start a roll search. 

c.  Solar vane control system. T h e r m 1  Actuators. An 
attempt was made, on Mariner IV, to provide a method 
of damping that would cause the pitch and yaw limit 
cycle motion to come to rest within the deadband. The 
solar vanes were mounted on the solar panels by means 
of bimetal fittings, exposed to the sunlight through a 
slotted grid. Limit cycle motion would vary the amount 
of light falling upon the bimetal fittings, causing them 
to vary the vane angle according to the angular error 
of the spacecraft. The direction of the vane angle change 
was phased properly to slightly reduce the spacecraft 
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restoring torque (due to solar pressure). The net effect 
was to reduce the limit cycle velocity, hence, the bimetal 
fittings would provide “thermal actuator” damping. 

The design of the solar vanes was critically affected by 
area limitations imposed by interference with fields of 
view of some spacecraft systems. Therefore, at  best, the 
operation would be marginal. In addition, the initial 
vane deployment mechanism was affected by friction 
during ground testing that was not present in the space 
environment. The vanes were deployed completely be- 
yond the nominal position of 35 deg from the plane of 
the solar panels, out to angles averaging 15 deg. The 
vane gains were thus considerably degraded. 

Early in the flight, it was discovered that there were 
small changes in the disturbance torques affecting the 
control system. Some torque changes were directly as- 
sociated with the gas system valve actuations. At some 
valve actuations, the disturbance torque was observed to 
change by 5 dyne-cm. Subsequent analysis showed that 
the allowable leakage from one valve could create 16 
dyne-cm of torque. I t  is possible that the leakage could 
vary slightly from one valve actuation to the next, causing 
variable torques. 

The problems associated with vane design and deploy- 
ment were such that in the presence of the “torque noise” 
produced by the valves, it was quite impossible to damp 
out the limit cycle motion within the gas system dead- 
band. There was not enough gain and speed of response 
in the thermal actuator system to follow and cancel out 
the disturbance torques. On the other hand, it is reason- 
able that some effect upon the control limit cycles should 
be observed. To this date, no analysis has been able to 
show any effect. Even when the limit cycle rates are 
virtually zero and the unbalanced torques are very low, 
no effect was observed. 

In the presence of an unbalanced disturbance torque, 
which causes constant acceieration, a piot of iimit cycie 
position versus time produces parabolas when there is no 
control damping. The parabola is a second-order curve, 
while damping, causing deceleration, produces a higher- 
order curve. Flight data have been analysed, where the 
rates and disturbance torques are very low, by using 
curve fitting techniques. Second- and third-order curves 
were fitted to the data, and the second-order curves fit 
the data very closely. The third-order curves did not 
produce any discernible improvement in the curve fitting. 
This would indicate that the data, in actual fact, produces 
second-order curves (parabolas) and there is no damping 
present. 

More analysis would be required to definitely say that 
the thermal actuator mode is inoperative, especially in 
view of the faulty deployment. But it appears very strange 
that no damping effect has ever bccn observed, and if it 
exists, it must be much smaller than expected. There are 
two main areas of uncertainty that could cause poor 
damping. These are as follows: 

(1) The torque gain of the system is not known from 
any empirical measurements. The only information 
is based upon theoretical analysis, which may be 
modified by important unknowns. One can only 
make a reasonable guess as to reflectivity (diffuse? 
specular? magnitude?) and there is practically noth- 
ing known about re-emission from rear surfaces. 

( 2 )  The thermal actuator gain (vane angle to space- 
craft angle) is only about 0.10. For the allowable 
limit cycle excursion of 0.5 deg from null, the vane 
will travel only 0.05 deg with a 3000-sec time lag. 
In other words, the deflection of the bimetal fitting 
is so small that it was never actually detected dur- 
ing test operations. If the strip were only slightly 
bowed longitudinally, the required output might 
be too small to overcome the initial force. 

The important point is that no meaningful test of the 
system was ever devised because of the great difficulties 
imposed by the very minute forces and deflections in- 
volved. Theoretical analysis may not have been good 
enough to ensure success. 

Further analysis is contemplated to try to arrive at 
some definitive answer about the damping mode opera- 
tion. But since it must be based upon theoretical pre- 
dictions of solar vane performance, it may remain 
inconclusive as to cause and effect. 

Recommendations. From the beginning of the flight, 
it has been noted that the damping mode has not func- 
ticced pmper!y fer spacecraft contm!. Rut the adaptive 
mode has proved to be quite adequate for its purpose, 
and unbalanced torques have been significantly reduced. 
If the damping mode is discarded, the step size for the 
adaptive mode could be increased to perhaps 1 deg per 
step (from the present 0.01 deg) and the offset torques 
would be quickly rebalanced for efficient operation. 

d. Control gas actuator system. The gas usage rate con- 
tinues to be 3.38 X lo-” lb/day, indicating a lifetime of 
about 3.5 yr from encounter. But it should be expected 
that the usage rate will increase slightly as the spacecraft 
moves closer to the Sun (increased solar torque) and also 
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because the roll error signal will be noisier than usual 
when Canopus is lost and some faint star is acquired. 
There will not be a significant increase in usage, and it 
should at  most, only remove 0.5 yr from the lifetime. 
The gas usage rate is illustrated in Fig. 24. 

As has been previously noted, the minimum rate incre- 
nients that establish limit cycle performance are about 
100% too large in pitch and yaw and 50% too large in 
roll. Analysis has indicated that thc transient operation 
of the valve, during the 20 mscc ‘‘minimum on time” 
valve operation, caused unexpected impulses to be de- 
livered. The transient valve flow was found to be about 
30 times the steady-state flow, and when taken into 
account, accurately explained the observed rate incre- 
ments for all t h e e  ases. This effect was not observed 
on previous JPL spacecraft becauscx shorter moment arms 
dictated larger gas nozzles, hence, a larger steady-state 
flow compared to the transicmt. The much longer 
Mariner ZV moment arms (by a factor of 4) required 
very small nozzles, and the effect of the transient flow 
was greatly magnified. The rate increment was estab- 
lished upon the basis of steady-state flow, resulting in a 
large crror from the additional transient flow. 

Rccommcnclntions. N o  reliable method has been de- 
veloped at  JPL to mcasure the minimuin impulses 
required from the gas jets, hence, tlie transient effect 
went unoh\erved until the flight. An effort should be 
mack to tlevelop this capability as a regular flight test 
opes ‘I t ion. ’ 

One simple way to solve the transient effect in the 
valve design mould he to restrict the poppet valve exhaust 
orifice such that it approaches the thruster nozzle in area. 

This would diminish the transient flow to steady-state 
level. Decreasing the “minimum on time” is not practical 
since the transient flow takes place in the first few 
milliseconds. 

e.  Encounter operation. During the encounter period, 
the only discernible attitude control activity was the 
observable effect of the scan platform on the limit cycle 
motion. This was expected and was used to verify proper 
scan operation. As far as actual planetary effects from 
Mars on tlie control system were concerned, none were 
observed. No gravity gradient torques, atmospheric 
torques, stray light reflections, or radiation effects were 
detected. 

2. Star Identification Problem 
The attitude of the Mariner ZV spacecraft about the 

probe-Sun line is stabilized using a celestial tracker 
designed to acquire and track Canopus, a star in the 
general direction of the Ecliptic South Pole. Because of 
uncertainties in the response of the tracker to celestial 
objects, acquisition is allowed over a preset range of 
responses to insure that Canopus is always acquirable. 
The range is wide enough so that other objects are also 
acquirable. This creates the problem of identifying which 
object the tracker has acquired after any acquisition. 

It is necessary to obtair, a so!::tion to the problem sincc 
the directions of the midcourse maneuver, the spacecraft 
high-gain antenna beam, and the scientific instruments 
for scanning Mars all depend upon acquiring the correct 
attitude reference star. For the latter two, it is necessary 
to acquire Canopus; however, the midcourse maneuver 
can be performed correctly using other stars if the identity 
of the acquired star is known. 

DAY OF YEAR,  GMT, days 

Fig. 24. Mariner IV gas usage from telemetry data 
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To aid in the identification, a procedure was developed 
using basic statistical decision theory (Ref. 1). The pro- 
cedure was incorporated into a 7094 computer program 
entitled The Star Identification Program (SIP) and in- 
cluded in the Space Flight Operations Facility library 
for the Mariner ZV operations. This report describes the 
basic decision theory used and how it was applied to this 
particular problem. The detailed technical analysis re- 
quired to apply the theory, details of the computer pro- 
gram, and the actual results obtained during the flight 
will be presented in subsequent reports. 

a. Description of star tracker. As background material, 
a brief description is presented of the basic coordinate 
system used, the nominal star acquisition sequence of 
events, and the star tracker operation. 

Cone and Clock Angles. The cone angle ( p )  of a 
celestial object, depicted in Fig. 25, is defined as the 
angle from the probe-Sun line to the probe-object line. 
The angle between a plane containing the Sun, probe and 
Canopus and a plane containing the Sun, probe and the 
object is defined as the clock angle (a) of the object. It 
is peasured from the Sun-probe-Canopus plane and 
defined as positive in the clockwise direction, when look- 
ing towards the Sun from the probe. 

Star Acquisition Sequence of Events. The sequence of 
events for initial star acquisition begins at the completion 
of Sun acquisition, a few minutes after injection. First, 
the spacecraft undergoes a controlled roll turn about the 
probe-Sun line. This turn is in the positive clock angle 

I SUDkECTIoN 

Fig. 25. Cone-clock angle coordinate system 

direction at a rate of 3.55 mr/sec and lasts about 16 hr. 
During this time, telemetered data from the spacecraft 
magnetometer is obtained for calibration purposes. The 
tracker is then turned on, and the star search maneuver 
is initiated. The rate is reduced to 2.02 mr/sec, and the 
spacecraft rolls until the tracker acquires an object. 

In subsequent acquisitions (e.g., after a midcourse 
maneuver) there is no controlled roll turn, i.e., the star 
search maneuver automatically begins immediately after 
Sun acquisition. 

Star Tracker Operation. The star tracker has a field of 
view of approximately 4 deg in clock angle by 11 deg 
in cone angle. In order to compensate for the changing 
cone angle of Canopus during the flight, the center of 
the field of view is preset to 100.3 deg and is periodically 
decreased in steps of 4.6 deg. The changes in the cone 
angle insure that Canopus is always in the roll window 
and acquirable. The roll window (Fig. 26) is the zone of 
the celestial sphere that the tracker would view during a 
360 deg roll turn. 

The brightness output of the tracker is a voltage that 
is a function of the incident light. During the star search 

SUN 

t 

_ - - - - .  
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FIELD OF 
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Fig. 26. Star tracker field of view and roll window 
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maneuver, this voltage is telemctered every 12.6 sec. A 
iiiatliematical mock1 of the tracker hrightncw rcqmnsc 
h a s  l)c,en devcbloped 1)asc.d on  laboratory tests. For single 
objects at the, center of tlw field of view, thc modcl is 

\vhcw L7 is the voltage,, C, and C, are constants, and R 
is tlic. Ciinopris ratio of thc objcct. Thc Canopus ratio is 
defined as tliv ratio of the object’s fliix in  the S-11 spec- 

an S-11 spcctrd rcy)onsc). In  thv gcmc~rnlizcd motlc~l, R 
is replaccd 1)y a \\~cightcd root-sum-sq“arc, of thck Callopis 
ratios of thc stars, plancts, a i d  portions of thc. Milky \\’ay 
and Zocliacal I,ight in the f i c s l t l  of vicw. A tlctailcd dcscrip- 
tion of thv g ( w d i z c d  inod(.l a n ~ l  its dwc~lopincwt will 1)r 
given in a srihscqiicmt rqiort. 

trnm to tllilt of Cnnop~ls (tlw tracker’s pl”’t0catllode h a s  

Thc trackc,r is dcsigiicd to acqiiirc, olljrcts with bright- 
n c w w  that caiisc thc voltage to 1 ) ~  within ccrtain liinits 
and also provide siificicmtly lurgc roll error signals of the 
correct polarity cmtering the ficsld of view. N o  niodc~l of 
the roll error signal was develop(d for the. SIP; thus, if 
an object satisfies only the voltiigc’ rcquirc~iiicwt, it is con- 
sidcrctl acquirable. The voltage liinits t v c w  svt so that 
ohjcxcts Iia\iiig Canopis ratios hc~twc~cv apl)ro\iniatc,l). 
0.25 m d  8.0 \ \we acquira1)lc). 

b. Basic tlecisiori theor!y. FIo~ri thc tlccisicm thc,or)- 
point of view, resiilts of an espcriment are u s e d  a s  an 
aid in deciding to take one of sc~vcral possible actions. 
In this application, an action \vould hc to idcntify a 
particular celestial o1)jcc.t a s  tiit. onc acqriircd b y  the 
trackcr. Tlic cspcriinrnt is tlw acquisition iiiancii\w; and 
information o1)tainc.d froin it, \vhich can aid in the 
identification, comprises thcl rc4c\u~t results. 

Stutcs of Nutrirc, Action Spucc, untl Snmplc S p ~ c c ~ .  For 
the nionicmt, assriiiie that there arc k objects which may 
be acquired and dcmotcl thcm by O, ,  (I:, . . . 01.. The 
latter are called the possible .stutc,.s of nutiire. Further, 
assume that the acquisition mancri \w intis t end \vi t h 
the acquisition of onr of thcse ohjclcts. Let the action a ,  
be to say that 0,  is the, trrw stat(> of nature, i t . ,  that 0 ,  
is the object acquired. The set A = { ( I , ,  u,,  . . . ah}  is the 
set of possible actions and is called the, action spucc,. The 
set S of all possiblc rtsiilts obtainable, from the experiment 
is called the sumplc spucc. The composition of S for this 
application will be explained helo\v. An clement of S (set 
of results) will be denotcd by .s, and thc, random variable 
which takes on the values in S will be denoted by S. The 
probability density function of S will be denoted by f ( s ) ,  
and the conditional probability dcwsity function of S given 

that 0, is the true state of nature will be denoted by 
f (s lo t ) .  

Dcxivhti Rule a i d  Loss Function. A decision rule d is 
a function whose domain is S and whose range is A, 
i t . ,  to each possible s in S, d associates a certain action 
u ,  in A. The problem in decision theory is to select a 
decision rule d that is “best” in some sense. To aid in 
developing the criteria for a “best” decision rule, the 
concept of a loss function L is considered. For each pos- 
sible state of nature, this function specifies the loss incurred 
for every action in A. For the Mariner flight path, the 
geometry is such that the acquirable objects are suffi- 
ciently separated so that any erroneous identification 
would result in serious loss, wfiilc no loss occiirs for the 
correct identification. Consequently, the SIP was designed 
to iisc: a loss function stating that no loss occurs for the 
correct idcntification, and that a fixed value L of loss 
occurs for any incorrect identification. Using the nota- 
tion I, ( u i  IO,) to denote the loss incurred by taking action 
u ,  when object O j  is actually acquired, the loss function 
used is 

Fortunately, thc, use of this loss function allowed an 
easily understood a:ia!;.sis and simp!e results. 

Risk and Selection of a Decision Rule. For a set of 
results .s, a decision rule d specifies that action d ( s )  is to 
bc taken. If 0, is the true state of nature, the loss in- 
curred is L [ d ( s ) I O , ] .  In the SIP, if el ( s )  = CI, the loss 
is zcxro, and if cl (s) # a ,  the loss is L. 

The risk, r ( d l O , ) ,  of using d when 0, is the object 
acquired is defined as the average loss over the sample 
space, i.e., 

where s F S  denotes that the integral is to be taken over 
all s in S. In more rigorous terms, r ( d 1 0 , )  is the expected 
loss when 0,  is the true state of nature. 

The average risk, r (d ) ,  of using d is the average of the 
risk over all objects, i.e., 
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where P ( O i )  is the a-priori probability that Oi will be 
acquired. 

In this application, it was decided that the “best” deci- 
sion rule to use would be that one which minimizes the 
average risk. The principle of using such a decision rule 
is called Bayes’ principle. This principle was used since 
it yields the decision which minimizes the risk for any 
set of results, i.e., it minimizes the a-posteriori risk as 
explained below. Because of this fact, it is commonly 
used in problems dealing with nature, i.e., only natural 
physical forces come into play. Other principles such as 
minimizing the maximum risk (commonly called the mini- 
max principle) are nsually used when dealing with an- 
tagonistic forces, i.e., one expects the worst to occur and 
consequently prepares primarily for the worst. In this 
application, such a pessimistic approach seemed unwar- 
ranted. 

The a-posteriori risk, T (d I s), is defined as the expected 
loss over all objects of using d given a sample point s, i.e., 

where 

is the a-posteriori probability that 0 has been acquired. 
It will now be shown that Bayes’ principle is equivalent 
to selecting a rule which minimizes the a-posteriori risk. 

The formula for r (dl Oi )  in Eq. (3) can be substituted 
into Eq. (4) to get 

Using Eq. (6), this reduces to 

According to Bayes’ principle, d should be chosen to 
minimize ~ ( d ) .  This requires that for all values of SFS, 
d (s) be selected to minimize the expression in brackets in 
Eq. (8). However, this expression is simply the a-posteriori 
risk given in Eq. (5). 

As has been mentioned, the selection of the loss func- 
tion specified in Eq. (2) led to simple results. Accord- 
ingly, it will now be shown that the use of Bayes’ principle 
with this loss function is equivalent to identifying as the 
object acquired, the one whose a-posteriori probability, 
P (Oi Is), is a maximum. 

It  has been shown that Bayes’ principle reduces to 
selecting d so as to minimize the a-posteriori risk, 1’ (d I s) ,  
given by Eq. (5) .  That is, d(s)  must equal the action a, 
which minimizes 

Eq. (2) can be substituted into this formula to obtain 

Since the first term is a constant, selecting the a j  which 
minimizes ~ ( u j I O i )  is equivalent to selecting the ai 
which maximizes the a-posteriori probability, P (Oj Is). 

To complete the solution, a computable form of the 
a-posteriori probabilities must be derived. A form of 
P (Oj Is) is given in Eq. (6). Since the assumption is made 
that one and only one object will be acquired, the proba- 
bility density function f ( s )  can be written as 

Eq. (6) can therefore be rewritten as 

Consequently, to estimate P (Oj Is), it is sufficient to ob- 
tain estimates of P ( O j )  and f (si  Oj). 

c. Estimation of a-posteriori probabilities. The formulas 
used to estimate P (0,) and f (SI 0,) are explained below. 
However, before explaining the formula for f (s I O,), the 
composition of S must be described. In this application, 
S is the product of three spaces. The primary space is 
that of the values of equivalent Canopus ratio derived 
(as shown later) from the tracker voltage telemetered 
during search, v l ,  v2,  . . . 0,. The second space is that of 
the telemetered output of the on-board Earth detector, 
and the last space is of an estimate of the tracker clock 
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angle at initial acquisition based on the behavior of the 
on-board magnetometer and omni-antenna. Consequently, 
s has n + 2 components. 

A-Priori Probabilities. In order to calculate the a-priori 
probabilities, the acquirable objects must be determined. 
This is done utilizing position and brightness informa- 
tion on the brightest 423 stars, the planets, the Milky 
Way and Zodiacal Light. The 423 stars comprise all stars 
of the 4th magnitude or greater which might cause a 
significant response in the tracker. This information is 
used in conjunction with the mathematical model of the 
tracker response to estimate what the tracker voltage 
would be at the clock angle of each star and planet in 
the roll window. If the resulting voltage is within the 
outer 3~ values of the gate limits, it is deemed acquirable. 
Also, the output voltage at each integral clock angle 
where there is no star or planet is checked to see if the 
voltage due to the Milky Way and Zodiacal Light lies 
within the 30 gate limits. If so, it is also considered as an 
acquirable “object.” 

Let a; and u;  denote the clock angle and voltage out- 
put at object Oi. Let pi be the probability of acquiring 
0; if it comes within the tracker’s field of view. Let vl 

and u, be the design values of the lower and upper gates. 
Let U” be the standard deviation of a gate (assumed to 
be the same for each gate). 

The formula used to estimate p i  is 

11, = 1 if V I  + 30, ui uu - 30,. 

v ,  + 3cr” - v ,  
6uv 

if IJ, - 30, < vi < vu + 30,. - - 

= o  otherwise. (13) 

By design, the probability of acquiring Canopus if it 
enters within the field of view is always unity. 

Fig. 27 indicates that the probability of acquiring 0, 
is the probability of starting search in the “pie segment” 
prior to 0, and acquiring 0,, plus the probability of 
starting in the segment prior to 0,-1, missing 0; - ,  and 
then acquiring O,, etc. 

Assume that the acquirable objects are ordered by 
increasing clock angle, and that the tracker is equally 

DIRECTION 

PROBE 

CANOPUS 
DIRECTION 

Fig. 27. Geometry of a-priori probabilities 

likely to start search at any clock angle (actually, the lat- 
ter is true only for initial acquisition). The probability qi 
of starting in the segment prior to Oi is then 

The a-priori probability is therefore given by 

where i - i is replaced by k + i - i if i L i  and i - m is 
replaced by k + i - m if iL rn. 

Earth Detector. The Earth detector field of view covers 
the region from approximately 72.5 deg to 98.5 deg in 
clock angle and 34 deg to 117 deg in cone angle. It was 
designed so that the Earth would be detected at initial 
acquisition if Canopus were acquired. A mathematical 
model for the detector’s response has been developed and 
will be explained in detail in a future report. For each 
acquirable object, this model is used in conjunction with 
position and brightness information of the Earth and 
Moon to estimate what the Earth detector output would 
be if the star tracker were locked on the object. Denote 
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the output by ei and the telemetered output by e. Assume 
for the moment that this is the only information known, 
i.e., s = e. Then, the form assumed for f (s I Oi)  is 

where ue is the standard deviation of e.  The latter pro- 
cedure provides an estimate of the a-posteriori probabil- 
ity based only on Earth detector information, i.e., 

Magnetometer-Antenna Position Estimates. During the 
first part of the controlled roll turn prior to initial acqui- 
sition, the spacecraft is in the Earths magnetic field. By 
relating the telemetered output of the on-board mag- 
netometer to the Earths field at the spacecraft, an estimate 
of the spacecraft roll position during this time is obtained. 

The roll rate for the rest of the turn is estimated from 
observations of signal strength maxima and minima at 
the receiver stations due to the four-lobed pattern of the 
low-gain antenna. Using the initial fix based on the mag- 
netometer, and integrating the rate deduced from the 
observations at the receiver stations, an estimate of the 
tracker clock angle at search start is obtained. The angle 
at acquisition is obtained by further integrating the 
telemetered roll rate. The preceding procedure will be 
described in more detail in a future report. 

Let an, be the estimated tracker clock angle at acqui- 
sition. In a manner similar to the Earth detector, assume 
s = ant. Then, the a-posteriori probability based only on 
the magnetometer-antenna estimate is computed by re- 
placing f (s I Oi)  with 

where U, is the standard deviation of an, and (ant - ai) is 
computed modulo 180 deg. 

Tracker Voltage. From tracker tests, it appeared that 
errors in the tracker output were log-normally distributed. 
Consequently, instead of using the telemetered voltages 
directly, they were transformed into “effective Canopus 

ratios.” Effective Canopus ratio is defined as the inverse 
of Eq. ( l ) ,  i.e., 

Thus, assume for the moments = R = (El, Rz,  . . . , R, )  
where 

In this case, f ( R l O i )  was assumed to be multivariate 
normal, i.e., using matrix notation 

(21) 

where is the covariance matrix 

and uR and uB are the standard deviations of the noise 
and bias in Ri .  The vector of means is 

where p L ,  is the expected value of the jth telemetered 
effective Canopus ratio assuming 0, is acquired. The 
value of p z n  can be estimated by computing the effective 
Canopus ratio at the clock angle using the mathemati- 
cal model of the tracker response and position and bright- 
ness information of the celestial objects. Similarly, p b ,  can 
be estimated at a clock angle a,] given by 

where F is the average telemetered roll rate, T,, and Tj 
are the times that 0, and u j  were telemetered. 

Composite Probabilities. In order to compute the 
a-posteriori probabilities, a form is needed for f (s IO,) 
when s = (e,  a,,], R ) .  It was assumed that these quantities 
were conditionally independent, Le., having acquired an 
object, the error of one was independent of what the 
errors of the others were. Thus 
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With these forms, the a-posteriori probabilities can be 
computed and the object with the largest value identified 
as the object acquired. The SIP operations which perform 
the computations will be described in a future report. 

d .  Maximum likelihood and least squares solutions. In 
conclusion, two other proposed solutions to the Star 
Identification Problem will be discussed. It will be shown 
that they can also be considered as decision theory solu- 
tions with restrictions added to the actual solution used. 

For simplicity, consider only the tracker output. The 
maximum likelihood solution is to identify as the acquired 
object the one with the maximum value of f ( R  I OL) .  The 
least squares solution is to select the one with the smallest 
value of 

Maximum Likelihood. Suppose that for the a-priori 
probabilities it was decided to assume each object was 
equally likely, i.e., 

1 
P ( 0 i )  = - k 

The formula for P (0; I R )  is then 

(27) 

(28) 

Thus, the maximum value of P (Oi 1 R )  corresponds to 
the maximum value of f ( R I 0 i ) .  That is, the decision 
theory solution would reduce to a maximum likelihood 
solution if, a-priori, the objects were assumed equally 
likely to be acquired. 

Least Squares. Assume further that the value of uB is 
set to zero. The formula for f ( R  IO,) becomes 

(29) 

It can readily be seen that selecting the maximum value 
of f (RI Oi) is equivalent to selecting the minimum SSQ 
as defined in Eq. (26). That is, the maximum likelihood 
solution reduces to the least squares solution if it is 
assumed that there is no bias. 

3. Spacecraft Power System 

a. Mariner ZV flight analysis. Operation of the power 
system was completely normal throughout the encounter 
sequence; no anomalies were noted. During thc criiise 
portion of the flight preceding encounter, power readings 
were constant with a power demand from the solar panels 
of 164 watts. Initiation of the encounter sequence with 
a DC-25 command increased the power demand to 
197 watts as expected. Stopping of the scan system plat- 
form with a DC-24 was verified by the power system 
when the main regulator output current decreased 1 data 
number. 

At approximately 20:23 GMT during the encounter 
sequence, the battery voltage decreased 1 data number, 
0.13 v DC, to 36.71 v DC due to increased battery tem- 
perature. The battery temperature increased 3 O F  as a 
result of increased power dissipation in the adjacent cases 
after turn-on of encounter science. 

Operation of the power system was also normal after 
DC-26 and DC-2, commands were sent. As expected, 
power levels exceeded those of normal cruise only by an 
amount equal to the 2.4 Kc/s power to the tape recorder 
electronics. At 07:25 GMT, the battery voltage increased 
1 data number, returning to its pre-encounter value of 
36.84 v DC. This increase was a normal result of the 1°F 
decrease in battery temperature that occurred at encoun- 
ter scirnce turn-&. Mode i power data following kiT-9 
was completely normal with a power demand from the 
solar panels of 147 watts. 

After playback of the TV pictures was completed, the 
spacecraft was rcturncd to cruise mode operation. Power 
demand returned to its pre-encounter value of 164 watts, 
and all power measurements were normal. At the present 
time, the spacecraft is in a cruise mode and all elements 
of the power system, with the possible exception of the 
battery with its higher-than-expected voltage (see S P S  
37-33), are operating normally. 

F. Telecommunications 

I .  Ground Command Subsystem Description 

a. Introduction. The primary function of the ground 
command read write verify (RWV) subsystem (Fig. 23) 
in the Mariner C program is to modulate a subcarrier 
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I r 
Fig. 28. Ground command subsystem 

with a binary word which is received and decoded by 
the spacecraft flight command subsystem. The command 
word in the Mariner C program is a 26-bit binary word, 
which may fall into one of two general categories, the 
discrete command (DC) and the quantitative command 
(QC). There are 29 DC and 3 QC commands. Each DC 
command instructs the spacecraft to perform a specific 
function. The three QC commands are used for midcourse 
correction only and program the spacecraft to roll, pitch, 
or bum the thrust motor. 

The intermediate link between ground command and 
flight command is the radio subsystem. The ground radio 
subsystem, located at  DSIF stations, phase modulates the 
S-band carrier with the information received from the 
ground command subsystem. 

During normal operation, the ground command sub- 
system continually monitors the signal transmitted by 

the radio subsystem. The signal is detected in the same 
manner as that used by the spacecraft. The detected com- 
mand bits are then compared with the command bits 
transmitted by the ground command system. If any dis- 
crepancy is noted between the two signals the ground 
command system inhibits transmission of the command 
signal to the radio transmitter. The resultant loss of com- 
mand modulation causes the spacecraft flight command 
subsystem to lose lock, which in turn inhibits the process- 
ing of any commands. 

b. Modes of operation. The ground command subsys- 
tem is capable of operating in three modes. One of these 
modes was mentioned above, being able to send a com- 
mand word to the spacecraft. The system may also oper- 
ate in a verify mode, in which it is able to simulate 
transmission of a command word. During this mode of 
operation, the system performs exactly the same functions 
as it does during transmission, except that the command 
word is not sent to the radio subsystem. In the third 
mode of operation the RWV checks the paper tape re- 
ceived via teletype lines, which contains the command 
word. 

During a typical operation, QC command information 
is sent from the SFOF over teletype lines to the DSIF 
station, and the information is then relayed to the space- 
craft. In order to detect errors prior to transmission the 
same command word is sent over the teletype lines three 
times and punched on paper tape at the DSIF station. 
The RWV checks the paper tape to verify the word 
format and insures that each of the three words is iden- 
tical. Once this process is completed the RWV punches 
the command word on paper tape. If the command is 
valid, it is then processed by the RWV, which goes 
through a verify cycle to check its own operation before 
finally transmitting the word to the spacecraft. 

c. System description. The RWV operation may be 
subdivided into three general functions : the control and 
verify function, the moduiator function, and the detector 
function. All RWV functions are derived from a solid 
state negative true logic system, which, when integrated, 
forms a system that continually tests for errors during 
operation. 

All system functions are sequenced by the program 
control counter, an 8-position shift register that is enabled 
by any one of eight separate AND gates. The position 
of the bit in the shift register determines the operation to 
be performed. As soon as the system completes an oper- 
ation, the bit is clocked to the next position in the shift 
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2FS 
GENE R AT0 R 

register by enabling the proper AND gate. This operation 
is repeated until the RWV has completed its cycle, which 
takes approximately 56 sec. 

- PN PN HALF-  P N @  2FS 
r *  

2 FS CLOCK 

GENE RATOR ADDER 

To insure reliability, the RWV employs error detection 
circuitry to verify many of its functions. It also has the 
capability of insuring proper operation of its error detec- 
tion circuitry. Any one of six error detection circuits may 
he checked by selecting the desired circuit on the RWV 
console and reading a predetermined program tape. Sev- 
eral of the important checks performed are: verifying that 
operations are sequenced in the prescribed manner; in- 
suring that the RWV modulator and detector are in sync; 
and making a bit-for-bit check of the information sent to 
the spacecraft during transmission. 

3 
ADD 

During normal operation, the signal sent to the RF 
transmitter is inhibited if an error is detected; however, in 
case of an emergency the system is capable of operating 
by manually over-riding the error circuitry or by operat- 
ing in the emergency mode. When in the emergency 
mode, no checks are performed and the word is trans- 
mitted by circuitry not employed during normal opera- 
tion. It suffices to say that this mode would be used only 
in case of extreme emergency. 

MODULATOR 
OUTPUT 

f cos 27r2 FSf 
PN @ 2 FS 

The purpose of the RWV modulator is to hi-phase 
modulate a subcarrier with the 26-bit binary command 
word (Fig. 29). This is accomplished by employing a 

n 2Fs 90° 

phase shift keyer which maintains the phase of a coherent 
sine wave for a binary zero but shifts its phase by 180 deg 
for a binary one. The modulator basically consists of four 
units: the phase shift keyer (PSK); pseudonoise (PN) gen- 
erator; a binary counter which produces a frequency 
defined as 2FS: and a modulo-two adder. 

*cos 27r2FSf PSK 
S I N E  sin 27r2FSI + 90° 

SHAPER 

In order to employ PSK techniques, it is necessary to 
establish phase coherence or sync between modulator 
and detector. Sync is established by employing two PN 
generators, one at the RWV modulator and the other at 
the spacecraft flight command detector. When the two 
PN generators emanate the exact code permutation, they 
are in phase with respect to each other, and phase co- 
herence is established. At this point the spacecraft PN 
generator is in lock with the RWV PN generator and is 
capable of following the ground PN generator within 
reasonable frequency and phase deviation. 

BINARY 

The ground command PN generator consists of a shift 
register, employing modulo-two feed-back to create a 
pseudonoise code which repeats itself once every second. 
The PN generator clock frequency, defined as 2FS, is 
derived from a variable oscillator and a binary counter, 
which acts as a divider. Initial lock acquisition is achieved 
by decreasing the oscillator frequency and thereby de- 
creasing the 2FS frequency. Since 2FS is the clock for 
the PN generator, the 2FS offset causes the RWV PN 

I 1 I I I I 

I I I 2FS 

Fig. 29. Ground command modulator 
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PN * 

generator to drift with respect to the spacecraft gen- 
erator. The 2FS offset chosen is slow enough to allow 
lock when correlation exists between the two PN gen- 
erators and at  the same time to insure that lock occurs 
within a reasonable length of time. 

HALF- 
ADDER 

The block diagram of the RWV modulator (Fig. 29) 
shows how sync and data are processed through the RWV 
modulator. The PN code and 2FS are half added to 
produces PN$2FS which is used by the spacecraft to 
establish sync. The data portion of the word is phase 
modulated by forming from a square wave a sine wave 
whose equation is 

sin 2~ 2Fst L90 deg 

The sine wave is then sent to the PSK which is keyed 
by the word bit. With zero volts (binary zero) applied, 
the PSK maintains the phase of the input sine wave. With 
-6 v (binary one) applied, the PSK shifts the sine wave 
by 180 deg. Hence, the equation of the waveform of the 
PSK output is +sine ( 2 ~  2FSt + 90) or +Cos 27 2FSt. The 

data portion and sync portion of the word are then added 
to produce the output of the modulator 

P N  @ 2FS * COS 2~ 2FSt 

The RWV detector is employed to demodulate the 
command word transmitted by the radio system and to 
insure that the information sent by the RWV is the same 
as that transmitted by radio. It may also be said that the 
RWV detector simulates the flight command detector, 
thereby providing a means to check system operation 
before sending a word to the spacecraft. 

The RWV employs an S-band phase lock loop receiver 
to demodulate the RF signal. After the RF carrier signal 
is removed, the submodulated portion of the signal is 
received by the RWV detection circuitry. This circuitry 
employs the same concepts found in the modulator: a 
PSK, a 2FS generator, a PN generator, and a modulo- 
two or half adder (Fig. 30). The incoming signal passes 
through a PSK, a sine wave shaper, and a band pass 

PN02 FS *cos 27r2FSI 

FS SINE 
PSK WAVE 

SHAPER BP FILTER RECEIVER 

PN 0 FS I 
Ll PN GEN 

1 

1 2FS 
~ 

$%*.A 

PN82FS PNO 2FS 
e HALF- 

ADDER 
PN 

Fig. 30. Ground command detector 
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filter, that produces a coherent sine wave whose equation 
is sine 2;;FSt. Once established, this frequency is used as 
one of the voltage controls to a VCO. This oscillator pro- 
vides the input to a divider which produces 2FS, the 
clock for the detector PN generator. After sync is estab- 
lished between the modulator and detector PN genera- 
tors, the original command word may be reconstructed. 
The detector PN code and detector 2FS are half added 
and put through an inverter to produce PN’e2FS’; 
where prime denotes that the signal is derived from the 
detector. PN’ @ 2FS‘ is then linearly added to the mod- 
ulator signal PN @ 2FS * cos 2H 2FSt whose sum is equal 
to k cos2H2FSt. Since the phase of the cosine wave is 
determined by the binary bit transmitted by the RWV, a 
comparison may readily be made between the R\ \V 
modulator output and the RWV detector output. 

d. Displays. The RWV display console is shown in 
Fig. 31. Since many of the displays are self-explanatory, 
only several of the more important will be mentioned. 

The time of day display in the upper left corner is in- 
ternally wired to the control logic. By selecting the auto- 
matic operating mode, the RWV will automatically send 
a command word which will be initiated when time of 
day is equal to the timed start thumbwheel setting. The 
remaining displays on the left side of the console are: the 
input and output signal strength of the S-band receiver; 
a counter which displays multiples of the FS frequency; 
and an oscilloscope. 

In the upper right corner, the 26-bit command is dis- 
played in octal form. The word is displayed three times, 
and each display corresponds to the particular register 
which is used at different intervals during operation. The 
vehicle subcarricr displays indicate whcthcr thc telcmetry 
received from the spacecraft is good, questionable, or 
bad. It also tells whether or not the spacecraft and RWV 
are in sync and displays the offset from the 2FS fre- 
quency. The remaining displays are self-evident and 
relate to functions such as: power on, mode of operation, 
and word in process. 

I 

Fig. 31. Ground command display console 
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G. Space Sciences 

7 .  Interplanetary Color Photography 

a. Introduction. Observation indicates that a high pro- 
portion of planet reflectance is white light. Vivid sensa- 
tions of color from objects illuminated by sunlight is 
cssentially a close range phenomenon. As range increases, 
coloring becomes diluted. Hence interest for exploratory, 
long range (50 to 5000 mi) planetary photography is di- 
rected at the reproduction of diluted color tones, Le., tones 
that enter the white region or the grey region. 

The reproduction of color requires a technology that 
involves the superposition of three primaries. With ade- 
quate spectral separation and accurate quantitative ad- 
justment, any color in nature, including white, may be 
satisfactorily matched with three selected components. 
Only in special cases can a match be obtained when any 
one of the selected components is absent. For example, 
in the reproduction o f  fully saturated colors occupying a 
narrow band two primaries may suffice. 

I .o I 

520 
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Fig. 32. The NTSC color triangle in CIE coordinates 

Adequate spectral separation of the three primaries is 
secured by a selection from the rcd, green, and blue 
regions. A misture of red and green light produces ycl- 
low. \\Tit11 the addition of a correctly proportioned quan- 
tity of blue light, a colorless sensation arises and is 
designated white. This phenomenon is demonstrated 
every day with the reception of compatible television 
color broadcasting. 

b.  Color in planetary photography. As with all other 
photography, planetary photography may be related to 
the llunsell system for defining color. In this system, 
color has three attributes: hue, saturation, and bright- 
ness. Saturation represents the intensity of the coloring 
or the extent to which the color is diluted with white. 

The relationship of white to colors is illustrated in the 
CIE chromaticity diagram of Fig. 32. The curve repre- 
sents the locus of fully saturated pure spectral colors. 
Nonspectral colors, or purples that are a mixture of red 
and blue, form the base of the color curve. Generally, 
the y ordinate is associated with luminance, and the x 
ordinate is associated with chromaticity. Greens tend to 
have high luminance, while reds and blues have pro- 
gressively lower luminance. Inserted into this diagram 
is illmninant C which represents north-sky daylight with 
coordinates x = 0.3101 and y = 0.3163. Illuminant C will 
be defined as white, i t . ,  when olxerved by the eye, no 
color sensation will be evoked. 

The lines connecting C with the perimeter represent 
the degree of saturation for any particular color. The 
closer the chromatic coordinates are to C the less intense 
is the saturation or the fainter is the hue. Colors of low 
saturation cannot be simulated unless all three primaries 
are present. Thus, although blue, for example, may not 
be observed as a distinctive shade, it is one of the three 
selected primaries that must be employed to produce a 
white contribution. 

Because surfaces in nature tend to reflect a high pro- 
portion of the incident sunlight, planetary photography 
will naturally be concerned with colors of low saturation. 
The contribution of the white light to the hue thus be- 
comes the predominating factor in spectral evaluations 
of planetary images taken from orbiting or fly-by space 
vehicles. 

c. NTSC compatible color TV system. The problems 
that have arisen in television color broadcasting with 
compatibility and bandwidth compression are of particu- 
lar interest for planetary photography. The need to 
generate black and white luminance signals when broad- 
casting in color has stressed the property of luminance in 
electronic color reproduction. a 

Insofar as planetary photography is accomplished by 
electronic processes, advantage may be taken of the tech- 
niques that have been developed for color TV. A constant- 
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luminance, trichromatic system is specified for TV color 
broadcasting by the National Television Systems Com- 
mittee (NTSC). The video spectrum is divided into three 
channels of decreasing bandwidth that carry monochro- 
matic, trichromatic, and bichromatic information. The 
final image is presented on a tricolor dot-mosaic picture 
tube. For the purposes of planetary photography, a chem- 
ical dye process must be added to produce the final color 
photograph. 

NTSC defines three primaries in CIE coordinates as 
red x = 0.67, y = 0.33; green x = 0.21, y = 0.71; and blue 
x = 0.14, y = 0.08. From these three primaries, a lumi- 
nance signal is specified El. = 0.30ER + 0.59Ec + O.llE,. 
The assumption is made that when reproducing standard 
illumination source C ,  E , .  = E, = E,; = E,. 

The NTSC primaries, as defined above, may be inserted 
into the CIE diagram to form a color triangle, as depicted 
in Fig. 32. The NTSC system reproduces all colors that 
are contained within the triangle. The color reproduc- 
tion so obtained claims a wider chromatic range than the 
better commercial printing processes. 

If the output signals from a color camera, i.e., three 
camera tubes having suitable color filters, is proportioned 
as indicated for E,.,  the signal may be reproduced mono- 
chromatically. When appropriate gamma corrections are 
m d e  to linearize system parameters thc photometric 
functions, as opposed to chroma values, that are observed 
by the camera will be correctly evaluated. In this way 
the equation for E,- forms the basis of a compatible tele- 
vision system where the output from a color camera can 
be reproduced as a monochromatic picture on a black- 
and-white picture tube. This is illustrated in the simpli- 
fied diagram of Fig. 33. The reverse process is also true 
where a monochrome camera produces a monochromatic 
picture on a tricolor picture tube. 

d.  Data reduction. A further interesting property of 
electronic color reproduction uncovered by NTSC re- 

*? 
3-COLOR CAMERA 

1 

2 MONOCHROME 
IMAGE 

Fig. 33. Monochrome reproduction from 
three-color stimulus 

search is that chromatic information can be inserted at  
greatly reduced resolution and that fine detail need be 
carried on a monochrome basis only. This is based on the 
property of the eye which has a limited resolution for 
chromatic detail. Thus, NTSC specifies a maximum video 
frequency of 4.2 Mc for monochrome information, while 
the trichromatic and bichromatic signals are limited to 
1.3 Mc and 400 kc, respectively. The NTSC findings indi- 
cate that the data requirement for interplanetary color 
photography need not greatly exceed the monochrome 
requirement. 

The NTSC chromatic information is transmitted as two 
additional signals designated 1 and Q. These are derived 
from the red-green-blue primaries 

Z = 0.59R - 0.27G - 0.32B and 

@ = 0.21R - 0.52G + 0.31B 

At the receiver, by appropriate matrixing, three pri- 
mary color signals R, G, B are derived from the Y and Z, 
Q signals: 

R = 0.961 + Y + 0.62Q 

G = -0.271 + Y -0.65Q 

B = -1.111 + Y + 1.70Q 

These represent three signals that are applied to the 
tricolor picture tube and form the basis of the compatible 
color and black and white reproduction. 

Although there is no compatibility requirement for 
planetary photography, the ability to reproduce accurate 
monochrome information from only one of three sets of 
transmitted data could prove to be a valuable redun- 
dancy asset in space technology. 

e. Camera filters. The spectral characteristics of the 
color filters required for the camera requires a conversion 
from the CIE diagram into the RGB color triangle. The 
filter characteristics so obtained are 

pt,,,:, - x +  Y 
a1 + PI + yl  

a1, 2, 3 

a1 + p, + yl 
R,  G, B = 

2, and Z are CIE tristimulus values, and a, p, y are 
functions of the x, y coordinates of the primaries. Typical 
camera-taking characteristics are shown in Fig. 34. 
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Fig. 34. Color filters employed in the 
NTSC camera system 

Real-time transmission is not a requirement in explora- 
tory planetary photography, and the chromaticity coor- 
dinates of each picture element, as derived from the 
transmitted camera signals, may be computer evaluated. 
This being the case, color signals may be sequentially gen- 
erated instead of simultaneously generated as in broadcast 
TV. Thus, the need for three camera tubes is less apparent 
and depends more on the effective ground velocity of the 
planetary imaging device than on simultaneity. 

f. Two-color system. When only two-color filters are 
employed with a single camera, as in the Mariner-Mars 
TV system, a need arises for the insertion of a third pri- 
mary if any attempt is to be made to reproduce tonal 
values throughout the visible spectrum. Photography of 
Mars was accomplished with alternate green and red 
filters, with some degree of overlap in certain of the re- 
productions. In this case, a blue primary is required to 
permit presentation of a sufficiently wide range of tonal 
values at low saturation. One solution would be to include 
as part of the chromatic information direct observation 
from Earth. Although the direct observation is at lower 
resolution, as discussed above. high resolution is not neces- 
sarily a requirement for chromaticity insertion. A possi- 
bility thus arises of adding a synthetic blue primary in a 
quantity which will attempt to match tonal values with 
Earth observations. 

g. Summary. Irrespective of apparent coloring, plan- 
etary color photography requires consideration of the 
entire visible spectrum. Because of compatibility and 
band-width compression, the NTSC system of color T V  
broadcasting is of particular interest. Components, such 
as the tricolor picture tube, may prove invaluable in the 
mechanization of ground systems. 

2. Total Radiation Dose to Mariner IV Measured 
by the Ion Chamber Experiment 

The ion chamber experiment was performed to measure 
the spatial and temporal variations of galactic cosmic 
rays and to observe trapped particles and solar cos- 
mic rays when these were encountered. It was designed 
and built jointly a t  JPL and CIT by: 

Principal investigator - Professor H. V. Neher, CIT 

Coexperimenter 

Cognizant engineer 

- H. R. Anderson, JPL 

- L. G. Despain, JPL 

The instrument employs an integrating ion chamber 
and a single GM counter to measure the rate of ionization 
and the GM tube counting rate (average omnidirectional 
flux of penetrating charged particles) produced by all 
radiation behind 0.010 in. of steel. This shielding has 
a mass thickness of 0.2 g/cmS, which is the range of 
10 Mev protons. From the data provided by this instru- 
ment the total radiation experienced by the spacecraft 
was estimated. 

The spacecraft is exposed to radiation of three types: 

(1) Galactic cosmic rays 

(2) Solar protons (from solar flares) 

(3) Trapped particles at  Earth 

The dose from these behind 0.1 g/cm2 shielding in the 
first 230 days after launch is summarized in Table 8. 

Table 8. Dose to Mariner IV in first 230 days 
of operation" 

~~~ ~ ppe of radiation I Total number of particles, 
omnidirectional Darticles/cm' I ' 

Each category is now discussed in detail. 

(1) The galactic cosmic rays consist of protons, alpha 
particles, and heavier nuclei, mostly with energies ex- 
ceeding 200 Mev. Outside the Earths atmosphere their 
flux is constant within 10% for the first 130 days of the 
mission. The ion chamber experiment measured 

4 particles/cm' sec 
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3 3 6  3 4 0  3 4 4  3 4 8  3 5 2  356 360 3 6 4  
3 3 8  342 35C 3 5 4  358 762 

1.7 nir I N  = 1000 ion pairs/[sec cm' of standard 
temperature and pressure (STP) air] 

2 4 E n 10 I? 14 I6 18 22 24 26 28 30 32 3 4  ? 

In 230 days this amounts to 

7.9 X 10; particles cm' 

9.5 r 

Fig. 35 sliows 6-hr averagchs of these quantities for the 
first portion of the mission. Preliminary data were used, 
and we have not coinputed averages for all intervals. 

Because the radiation is pctwtrating, thcsc doses arc 
uniform within 20% throughorit thcl volume of the space- 
craft. Tlic, average specific ionization (or LET) is about 
5.5 hlev (g/cm2), i.e., about tliree timcs iniiiiiiirim ioniz- 
ing. Thcw are large local fluctuations about this figure 
due to niiclear stars prodriccd in the material of thr 
spacecraft. 
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As solar activity increases toward the maximum prc-  
dicted in 1968-69, the flux and ionization rate of galactic 
cosmic rays will gradually decline by almiit a factor of 2. 

(2) Almost all the solar protons encountercd by 
Mariner IV through March 17 occiirrcd in the two days 
following a solar flare at 1800 UT on Fc>bruary 5, 1965. 
Fig. 36 shows the ionization and counting rate mcwrired 
by tlic ion chamber experiment chiring this event. The 
units in Fig. 36 may be converted as follows: 

ion pairs 
= 1 mr/hr 579 sec cm 8 STP air 

6.69 counts, sec = 1 particlejcm2 see 

The total dose from this event behind 0.2 g c n l  \viis 

4.2 r 
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Fig. 35. Six-hour averages of ionization rate and GM tube counting rate measured by the ion chamber 
experiment on Mariner IV.  Omnidirectional geometric factor of the GM tube i s  6.69 cm' 
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Fig. 36. Twenty-minute averages of ionization rate, true GM tube counting rate, and average specific 
ionization measured by Mariner IV following a Class 2 flare on February 5, day 036 

and 

1.3 X 10; particleslcm'. 
Unlike the galactic cosmic rays, the average energy of 

these particles (mostly protons according to data from 
the CRT) is 30-40 MeV. Other measurements made near 
Earth suggest that there are 3% as many particles above 
80 Mev as there are above 10 MeV. That is, the integral 
energy spectrum in that energy range is approximately 
4 4  (>E) a l/E*.6. Hence the dose diminished by a factor 
of 2 3 0  in going from 0.2 to 7 g/cm' depth in the space- 
craft. The number of protons with ranges between 0.001 
and 0.2 g/cm2 (0.5 to 10 MeV) was on the order of 1OR/cm2, 
judging from preliminary trapped radiation detector data 
reported by Van Allen et al. (AGU annual meeting, 
Washington, April 1965). 

The ion chamber has not functioned since March 17, 
1965. The other radiation detectors aboard have observed 
small fluxes of low energy protons and electrons on sev- 
eral occasions. N o  significant flux of solar particles with 
ranges exceeding 0.2 g/cm' was encountered between 
March 17 and the beginning of picture playback July 15. 

(3) Fig. 37 shows the ionization rate and the GM tube 
counting rate measured by the ion chamber experiment 
in the Earth's Van Allen belts. The total dose measured 
behind 0.2 g/cmz shielding was 

Inner belt (mostly Outer belt (mostly Total 
protons of energy 
10-100 MeV) MeV) 

1.9 r 8.2 r 10.1 r 

3.6 X 10" 1.34 X loy 1.38 X 10s/cm' 
particles/cm2 particles/cm' 

electrons of E > 1 

The particles trapped in the Earth's radiation belts are 
mostly of low energy. Thus, the numbers having ranges 
between 0.001 and 0.2 g/cm' was the order of 100 times 
greater than the numbers given, while the number of 
particles reaching 3 g/cm' or greater must have been the 
order of 100 times less. No trapped particles were ob- 
S m J P d  in the vicinity nf M2rs. 

In assessing the effects of radiation upon the spacecraft 
it must be remembered that by far the largest amount 
of energy absorbed by the surfaces facing the Sun is 
carried by 

(1) The solar photon flux 

(2) The solar wind consisting of 10* protons/cm' sec 
with an average energy of 1 kev. 

Their energy is absorbed by the first few microns of the 
sunward surfaces. 
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Fig. 37. Ionization rate, true GM tube counting rate and average specific ionization measured in the Earth's 
Van Allen belts by the ion chamber experiment on Mariner IV. Individual data points are shown. 

The uncertainty in R is  not statistical but i s  caused by the GM tube being nearly saturated 
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3. Mariner IV Magnetic Measurements Inside the 
Earth's Magnerosphere, Magnetic Tail, and 
Magnetosheath 

a. Zntroductjon. The following is a report of preliminary 
scientific results based on analysis of the magnetometer 
data obtained as Mariner ZV passed outward through the 
Earths magnetosphere and crossed the transition region 
and the hydromagnetic bow shock. This material was 
excerpted from a longer paper presented at the Sixth 
International Space Science (COSPAR) Symposium held 
at Mar del Plata, Argentina in May of 1965 (Ref. 2). 

b. The Low Field-Vector Helium Magnetometer. The 
Mariner ZV magnetometer is a new instrument of a type 
that has not been flown on any other spacecraft. It was 
developed for use on missions that require a wide range 
of operating temperature, an extended dynamic range (a 
necessity if a substantial planetary field may be encoun- 
tered), good absolute accuracy, and high sensitivity (a 
necessity to the study of interplanetary magnetic fields 
during the flight to the planet and to the search for small 
perturbations of the interplanetary field, if the planetary 
field is weak). 

The Mariner ZV instrument measures fields as large as 
625 y (-1360 y referred to any of the three components, 
1 y = gauss) with a limiting noise threshold equivalent 
to an rms field of 0.1 7. The instrument sensitivity (16.7 
mv output for 1.0 y of applied field) is linear to within 0.14; 
over the full range. This is one aspect of the absolute ac- 
curacy which is insured by stability of both the linear 
characteristic and the null point (the output voltage in 
the absence of an ambient field) over both an extended 
temperature range (-25 to +65"C) and long periods of 
time. High absolute accuracy is an important requirement 
for an instrument flown on an attitude-stabilized space- 
craft, whereas on a spinning spacecraft, the spin permits 
an in-flight determination of the zero-field outputs of 
instruments, measuring field components transverse to 
the spin axis. 

When the Mariner program was initiated, the above 
specifications equaled or exceeded those of the more con- 
ventional fluxgate or second harmonic type of magnetom- 
eter (such as was utilized on the Mariner ZZ mission) (Ref. 
3). Furthermore, the weight and power requirements of 
the two kinds of instruments were comparable and there 
was no reason to suppose that the stringent reliability 
requirements of the planetary mission could not be satis- 
fied by the newer instrument. 

The Mariner ZV instrument is a low-field, vector, helium 
magnetometer not to be confused with either the rubid- 
ium magnetometer (Ref. 4) or the high-field, scalar, 
helium magnetometer (Ref. 5) .  Like the latter two it is a 
resonance magnetometer in which a specimen gas is 
examined spectroscopically using optical pumping to 
detect changes in state caused by the presence of weak 
magnetic fields. However, the vector helium magnetometer 
is not an absolute instrument like the others which produce 
tones, the frequencies of which are proportional to the 
field magnitude. Instead, it generates three steady or dc 
voltages each proportional to a component of the ambient 
field. 

The basic operating principles of the Mariner instru- 
ment can be understood with the aid of Fig. 38. The 
pumping light, 1.08 p radiation obtained from an elec- 
trodeless discharge helium lamp, is circularly polarized 
and focused on an absorption cell where it is partially 
absorbed by metastable helium atoms. Absorption and 
pumping are observed by an infrared lead sulfide detector. 
Since simple Zeeman absorption depends on both the 
polarization of the resonant radiation and its direction of 
incidence with regard to the magnetic field, the pumped 
condition can be destroyed by changing the direction of 
the magnetic field. When a rotating field is applied to the 
cell, it causes a periodic variation in the transparency of 
the gas. A sweep oscillator produces two sinusoidal cur- 
rents 90 deg out of phase in two mutually perpendicular 
sets of Helmholtz coils (represented in the figure by a 
circle) placed around the absorption cell. This generates 
a 100 y field rotating at a rate of 50 rps. Empirically it is 
found that the absorption is proportional to the square of 
the cosine of the angle between the light beam (optical 
axis) and the magnetic field. Thus, in the absence of an 
ambient field, the detector output is a second harmonic 
of the sweep frequency. If the dc field is present, the 
detector output contains a component at the sweep fre- 
quency whose phase depends on the angle between the 
optical axis of the sensor and the dc field. The ac amplifier 
passes a signal containing only the fundamental frequency 
component which is used to generate, by phase coherent 
detection, a dc current that is applied to the Helmholtz 
coils to null the external field. Thus, the magnetometer 
functions as a closed loop, or feedback system with a 
resulting improvement in output linearity and stability. 

The simplified schematic shows the electronics for a two 
axis system. The triaxial Mariner instrument utilizes a 
time-sharing technique to switch the plane of the sweep 
vector on alternate rotations from the plane of the diagram 
to a plane perpendicular to the diagram through the 
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Fig. 38. Simplified schematic diagram of the Mariner IV magnetometer 

optical axis. This commutation provides essentially simul- 
taneous triaxial measurements when the outputs are 
sampled at the Mariner IV data rates. 

A photograph of the Mariner IV magnetometer is shown 
in Fig. 39. The one-pound sensor is on the right. The 
triaxial helmholtz coils lie on a 4-in. diameter sphere with 
the helium lamp and igniter at one end and the detector 
and a preamplifier at the other. The two modules contain- 
ing the rest of the electronics weigh 4.5 Ib. 

c. The Near-Earth data. Fig. 40 contains 10-min aver- 
ages of the total field magnitude IB 1 and the magnitude 
of the solar-radial component I B ,  1, as a function of uni- 
versal time (UT) or, alternatively, geocentric distance. 
During this time interval, which began shortly after the 
magnetometer came on scale and ended just prior to 
complete attitude stabilization, Mariner IV rotated slowly 
(w 2 revolutions per hr) about an axis oriented toward the 
Sun. The changing orientation, relative to the ambient 
field, of the two sensor axes transverse to the Sun-oriented 
axis, allowed the corresponding components of the space- 
craft field to be derived. The value of I B ,  I was adjusted 
to agree with the radial component of the unperturbed 

Fig. 39. The Mariner IV magnetometer. The sensor i s  
shown on the right, and the electronics 

units are on the left 

geomagnetic field near the Earth. The three spacecraft 
field components, which total 28 y at the sensor, were sub- 
tracted from the data before IBI was computed. 
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Fig. 40. Mariner IV magnetometer data acquired near Earth. Each datum i s  a 10-min average, 
centered on the time at which it i s  plotted. The dashed vertical lines labeled 1,2, and 
3 mark transitions separating the observed data into four different field regimes 
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The data show four distinctly different magnetic regimes 
separated by transitions designated simply as 1, 2, and 3. 
The data from nearest the Earth to the first transition (at 
c 11 Re,  Earth radii) show the same general dependence 
on geocentric distance as the unperturbed geomagnetic 
field. The average field from transition 1 to transition 2 
(- 21 Re)  is essentially constant in magnitude with an 
enhanced radial component that points away from the 
Sun (no directional information is shown in the figure). 
The smaller (5-10 7 )  average field in the region between 
transitions 2 and 3 is irregular in magnitude and direction. 
The third transition at + 35 Re is not completely obvious 
in the 10-min averages but marks the edge of a zone in 
which regions of rapidly fluctuating fields alternate with 
regions of relatively stable fields, as discussed below. 

The locations of the three major transitions along the 
Mariner trajectory are shown in Fig. 41. This figure also 
contains a sketch showing the asymmetric magnetosphere, 
consisting of a torus formed by field lines that corotate 
with the Earth and an elongated magnetic tail pointing 
away from the Sun (Ref. 6), and the detached hydro- 
magnetic bow shock (Ref. 7). We identify transition 1 
with the boundary between the corotating magnetosphere 
and the tail, transition 2 with the boundary between the 
tail and the turbulent magnetosheath, and transition 3 
with the so-called standing shock front. 

These boundary locations agree reasonably well with 
corresponding transitions in the Mariner ZV plasma and 
energetic particle data as well as with previous field and 
particle measurements on other spacecraft. The dashed 
curves in Fig. 41 show the average location of the mag- 
netopause and shock front derived from IMP-1 mag- 
netometer data (Ref. 8). Transition 3 occurs near the 
extension of the outer contour. Transition 2 lies beyond 
the inner contour but is generally consistent with the 
spread in individual boundary penetrations by Explorer 
14 (Ref. 9), IMP-1 (Ref. 8), and Explorer 10 (Ref. 10) at 
approximately the same Sun-Earth-spacecraft angle. The 
innermost transition detected by the Mariner magnetom- 
eter appears to be associated with the general feature in 
the distribution of trapped electrons with energies greater 
than 40 kev. Omnidirectional flux contours obtained by 
Explorer 14 instruments (Ref. 11) show a bifurcation be- 
hind the dawn line at an average geocentric distance of 
+ 9 Re that is quite likely associated with the change from 
the magnetosphere proper to the magnetic tail. Detailed 
comparisons now in progress suggest that the large scale 
characteristics of the fields observed by Mariner ZV in the 
different regions also agree with earlier measurements by 
Explorers 10, 14, and IMP-1. 
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SHOCK 

EARTH (EARTH RADII) 

Fig. 41. Mariner IV near-earth trajectory. The bottom 
figure is  essentially a polar plot of geocentric distanco 
and the corresponding Sun-Earth-Mariner angle. Thus, 
this view of the trajectory i s  not a simple projection into 
a fixed plane such as the ecliptic. The circled numbers 
identify the positions, along the trajectory, of the 3 
transitions shown in Fig. 40. The dashed IMP-] contours 
indicate the average positions of the shock front and 

magnetopause. The schematic in the top figure 
relates the transitions observed by Mariner to the 

different regions of interaction between the 
solar wind and the magnetosphere 

The data acquired beyond transition 3 merit special 
attention because the important features are associated 
with the fine structure of the field, which is obscured by 
averaging. Fig. 42 is a plot of all the magnetic measure- 
ments made during a one hour interval corresponding to 
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GMT, min 
I I I 
36 37 38 

GEOCENTRIC DISTANCE, Earth r a d i i  

Fig. 42. Mariner data showing multiple passages of the shock front. Vertical lines corresponding to the instan- 
taneous shock front (SF) position divide the data into intervals when Mariner was inside the transition 

region (TR) and outside the shock in the interplanetary (IP) medium 
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the range of geocentric distances between 36 to 38 Re.  No 
attempt was made to remove the effect of the spacecraft 
roll, which causes sinusoidal variations with periods of 
+ 30 min in the transverse components B ,  and By. The 
four triaxial measurements, each 12.6 sec, reveal regions 
of higher noise levels that alternate with regions of relative 
quiet. The last such observation came at 0718 and is not 
shown. 

We identify the abrupt changes from the transition 
region to interplanetary space with successive passages 
through the shock front. This interpretation is supported 
by the Mariner plasma measurements which show pene- 
trations into the free-streaming solar wind coincident with 
scweral of the shock front transitions in the magnetometer 
data (Ref. 14). The multiple passages through the shock 
front suggest that it is not stationary but surges back and 
forth over distances of several Earth radii with typical 
periods of 5 to 20 min, at least for this time and location. 
These results seem quite reasonable as it has been sug- 
gested that hydromagnetic shocks resemble hydraulic 
phenomena in which irregular and fluctuating fronts with 
considerable structure and precursors ahead of the main 
shock are typical. The sharp nature of most of the observed 
transitions suggests that the shock front makes a large 
angle with the trajectory and moves considerably, rather 
than that the trajectory lies nearly tangent to the front. 
Presumably it is the unknown velocity of motion of the 
front, not thc known vclocity of the spacecraft, that 
determines the apparent duration of the crossing from one 
region to the other. The average interval between suc- 

cessive observations of the shock is comparable to the 
time required for the solar wind to slide around the mag- 
netosphere, so it is not clear whether the local variations 
in the position of the front are caused by fine structure in 
the solar wind or by some form of instability. 

The outstanding feature of the magnetic data is the 
occurrence of irregular fields behind the shock with or 
without an accompanying change in average field magni- 
tude. The same feature was used to identify the I M P - I  
shock front locations (Ref. 8) and is also obvious in the 
OGO-I search coil magnetometer data (Ref. 13). The 
fluctuations are very roughly five times as great as outside. 
Preliminary inspection of tabulated data indicates that 
periods of 10 sec or more are prominent in the fluctuations 
in the transition region but that periods of 2 to 4 sec or 
shorter are much less important. Since the field must be 
convected with the solar wind velocity, the length scale 
of the irregularities should be of the order of 10’: km 
times the period in seconds. There is also a noticeable 
oscillation (not shown) with a period of 2 or 3 min (which 
corresponds to a length of the order of the radius of 
curvature of the magnetopause) and an amplitude of 
several gamma. 
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II. Voyager Project 

A. Introduction 

The primary objective of the Voyuger Project is the 
performance of unmanned experiments on the surface of, 
and in orbit about, the planet Mars in order to obtain 
information concerning the existence and nature of ex- 
traterrestrial life, the atmospheric and the surface char- 
acteristics of the planet, and the planetary environment. 
The secondary objective is the acquisition of scientific 
information concerning the interplanetary media. 

All Voyager missions will be conducted as events of an 
integrated program in which each individual flight forms 
a part of a logical sequence in an over-all technical plan 
of both lander and orbital operations. The Voyager design 
will provide for the carrying of large scientific payloads 
to the planet, the telemetering of a high volume of data 
back to Earth, and long and useful lifetimes in orbit about 
the planet and/or on the planetary surface. Hardware 
will be designed to accommodate a variety of spacecraft 
and/or capsule science payloads, mission profiles, and 
trajectories. Particular emphasis will be given to simple 
design, feasible redundancy, and a comprehensive pro- 
gram of component, subsystem, and system testing. 

Over-all direction and evaluation of the Voyager Pro- 
gram is the responsibility of the Office of Space Science 
and Applications (OSSA) of the National Aeronautics 

and Space Administration (NASA). Management of the 
Voyager Project and implementation of selected systems 
is the responsibility of the Jet Propulsion Laboratory of 
the California Institute of Technology. 

Two Voyager space vehicles are to be designed, con- 
structed, and tested for launch during the 1971 Mars 
opportunity. Attention is also being given to requirements 
imposed on such vehicles by launches subsequent to 1971, 
such as missions planned for 1973 and 1975. The over-all 
flight spacecraft is to consist of a flight spacecraft and 
a flight capsule. The flight spacecraft, which will have a 
dry weight of approximately 2,000 lb and will carry several 
hundred pounds of scientific instruments, will be a fully 
attitude-stabilized device utilizing celestial references for 
the cruise phase and will be capable of providing velocity 
increments for midcourse trajectory correction and for 
Mars orbit attainment; onboard sequencing and logic will 
be provided, as will a ground command capability. The 
spacecraft will supply its own power from solar energy 
or from internal sources and will be capable of maintain- 
ing radio communications with Earth. In addition, the 
spacecraft will be thermally integrated and stabilized and 
will monitor various scientific phenomena near Mars and 
during transit, and telemeter this information back to 
Earth. I t  will also monitor and telemeter data pertaining 
to spacecraft operation. The flight spacecraft will also 
provide the flight capsule with services such as power, 
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timing and sequencing, telemetry, and command during 
the transit portion of the missions and may also serve as 
a communications relay. The flight capsule will be de- 
signed for entry into the Mars atmosphere, descent to the 
surface, impact survival, and surface lifetimes of as much 
as six months and will contain the power, guidance, con- 
trol, communications, and data-handling systems neces- 
sary to complete its mission. 

Appropriate deep-space flight tests of elements of the 
flight spacecraft are planned approximately two years 
earlier than the 1971 missions, and preferably in the 
1969 Mars opportunity, in order to permit evaluation of 
Voyager components and subsystems during long life in 
spacc and to demonstrate operations procedures. The test 
program for the flight capsule, which includes Earth-entry 
flight tests, will investigate entry, descent, impact, com- 
munications technology, and sterilization. The launch 
vehicle for the 1971 and immediately subsequent Voyuger 
operations will be the Saturn l B ,  with a Centaur as the 
third stage. The 1969 test flights will use either the 
Saturn 1 B/Centaur configuration or an Atlas/Centaur 
combination. The earlier Earth-entry test flights will 
probably be launched by an Atlas. 

B. Propulsion 

I .  Liquid-Regulated Monopropellant Hydrazine 
System 

Initial design studies which were conducted for the 
Mariner 1966 spacecraft pointed to the desirability of 
considering a postinjection propulsion system based on 
the technology and design of the advanced liquid pro- 
pulsion system (ALPS) pressurization circuit. This circuit 
was designed to utilize the gases produced by the de- 
composition of hydrazine in a gas generator to accomplish 
propellant tank pressurization. The chief components of 
the generated gas pressurization circuit are a generant 
tank and bladder, a generant controller (liquid regulator), 
a generant valve, and a gas generator ( S P S  37-32, Vol. IV, 
pp. 151-153). The unique features of this circuit are the 
storage of hydrazine and its pressurant in a common tank 
and the use of a liquid regulator to sense main propellant 
tank pressure and control flow to the gas generator. 

Experimental tests have been made which integrated 
the necessary ALPS components with a Ranger-Mariner 
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GN2 F I L L  VALVE 

LIQUID 
REGULATOR 

FUEL FILL- 
VA LV E 

\PRESSURE SENSING LINE 
FUEL VALVE 

F? k,---GN2 F I L L  VALVE 

I 
‘-N204 

THRUST- 
CHAMBER 

P F ~  = FUEL TANK PRESSURE TRANSDUCER 

7 i  = FUEL TEMPERATURE THERMOCOUPLE 

P8 = REGULATOR PRESSURE TRANSDUCER 

Pc- = CHAMBER PRESSURE TRANSDUCER 

Fig. 1. Liquid-regulated system schematic 

type monopropellant hydrazine engine. A schematic dia- 
gram of the prototype postinjection propulsion system is 
shown in Fig. 1. The system is functionally a liquid- 
regulated, pressure-fed, constant thrust rocket. Principle 
components are an ALPS propellant tank and balloon 
bladder ( S P S  37-30, Vol. IV, p. 122), an ALPS liquid regu- 
lator ( S P S  37-32, Vol. IV, pp. 157-160), a propellant valve, 
and a Mariner-C engine that employs an oxidizer start 
cartridge for hypergolic ignition. 

A photograph of the assembled prototype system is 
shown in Fig. 2. The AIS1 4130 heavyweight fuel tank has 
an inside diameter of 17.25 in. and a wall thickness of 
0.218 in. The volume of the tank is 2711 in.‘ The spherical 
bladder inside the tank contains a maximum volume of 
1227 in.’ of hydrazine. This corresponds to 44.8 lb,,, at 
65OF. The initial nitrogen gas ullage volume is 1444 in.’ 
with a full load of fuel. The ullage volume is equal to 
the tank volume minus the volume of fuel and bladdcr 
material. The engine contains a quantity of JPL type H-7 
catalyst. The nominal flow rate is 0.231 Ib,,,/sec with a 
corresponding nominal vacuum thrust of 53 Ib,. Thc oui- 
dizer start cartridge contains 15 cc of nitrogen t e t r o d e  
(NLO,) for hypergolic ignition. 
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Fig. 2. liquid-regulated system test configuration 

Initial fuel Final fuel Regulated 

run, pressure, pressure, pressure, 

Chamber Fuel System 
pressure, 

psi0 
P ,  I f  # I  

Notes temp response Propellant Polytropic length of tank tank fuel 

OF ti me", valve type 
sec psia psia psia - Y msec 

P I l i  P l f f  P ,  I ' I  

73 1190 850 343 201 58 192 Solenoid 1.23 Test termi- 
noted early 
because of 
fuel line 
leak 

190 1234 624 340 200 52 187 Solenoid 1.13 

186 1 2 1 1  614 347 208 52 170 Solenoid 1.12 

180 1214 626 346 206 54 162 Solenoid 1.12 

180 1208 617 344 204 - 98 Expldsive 1.13 

180 1219 617 343 204 64 90 Explosive 1.15 

Early tests were conducted with a Mariner-C engine 
which was filled with spontaneous catalyst.' This simpli- 
fied the system still further by eliminating the need for 
the oxidizer start cartridge. During testing, however, the 

'Type 405, Shell Development Co., Emeryville, California. 

engine chamber pressure was quite rough. Since it was 
felt that a separate development program was needed to 
solve the problem of rough combustion, it was decided 
to continue the system testing with the Mariner-C engine 
and oxidizer start cartridge. 

A series of long duration firings (180 to 190 sec) were 
conducted with the system shown in Fig. 2 to determine 
the liquid regulator outlet pressure characteristics over 
a wide range of inlet pressures as well as the outlet pres- 
sure reproducibility between runs. The results are sum- 
marized in Table 1. During any single test, it was found 
that within the accuracy limitations of the instrumenta- 
tion, no noticeable deviation occurred in the regulated 
outlet pressure value over the range of inlet pressures 
from about 1235 to 615 psia. In other words, dp,.,,/dt = 0 
for all the tests, with the exception, of course, of the start 
and stop transients. Reproducibility among tests was also 
quite satisfactory. However, only the tests which are 
grouped into pairs should be compared with each other 
since minor modifications and adjustments were made on 
the system between the groupings shown in Table 1. Tests 
5 and 6 utilized explosive valves for the fuel and oxidizer 
to see if any unusual pressure disturbances would occur in 
the system because of the rapid opening and closing ac- 
tions. No unusual disturbances were detected. 

It should be mentioned that prior to running, the fuel 
valve is subjected to full tank pressure (-, 1215 psia) until 
flow occurs. During steady state flow, the fuel line down- 
stream of the regulator is subjected to only regulated pres- 
sure (& 345 psia). The reason that full tank pressure is 
seen at the fuel valve during the no-flow condition is that 
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the regulator was not designed to lock up or form a leak- 
proof seal in the closed position. No extremely large 
pressure waves or spikes were detected in the fuel line 
as a resiilt of this momentarily high pressure during start- 
up, although a pressure surge, typical of the Mariner-C 
engine during the starting transient, occurred in the fuel 
line between the fuel valve and injector. 

No effort was made to reduce system response times by 
shortening line lengths nor was any effort made to reduce 
the system weights, since the main objective of the tests 
was to demonstrate the feasibility of a working model 
employing the liquid-regulator principle. Based upon this 
program, it is felt that a flight system could be designed 
and fabricated. The system would be simpler and in- 
herently more reliable than the current Muriner-C pro- 
pulsion unit since one set of valves and the nitrogen tank 
would be eliminated. Further, liquid regulation is con- 
siderably simpler than gas regulation; the range of 
upstream pressure variation is less, and the necessity of 
utilizing extremely close tolerances for the regulator seat 
is eliminated. Analyses have indicated that there is a 
slight weight disadvantage, however. If an injector de- 
velopment program were undertaken for the spontaneous 
catalyst, the necessity for an oxidizer start cartridge would 
be eliminated, and a multiple start system could be de- 
signed which would employ only one functional valve - a 
solenoid fuel valve. 

C. Telecommunications 
I .  Low-Loss Spacecraft Coaxial Cable System 

a. Introduction. Coaxial cable systems provide the 
important link between a spacecraft’s radio subsystem 
and antenna. Therefore, they warrant a great deal of 
design consideration. In the past, spacecraft communica- 
tion designs have been seriously handicapped by the 
limitations of existing cable designs and techniques. How- 
ever, new developments are overcoming these handicaps. 

The communications engineer must consider three 
major factors when designing a cable system for space- 
flight operations; i.e., high reliability, low electrical loss, 
and minimum total system weight. Cable systems which 
offer characteristics that approach these three major de- 
sign requirements are limited to three basic cable types : 
flexible, semirigid, and rigid. 

Flexible cable is very heavy and lossy at S-band fre- 
quencies compared to semirigid cable. However, flexible 
cable is more easily routed than semirigid cable. Easy 
routing, however, is not a sufficient reason for warranting 
its use on a spacecraft. 

Rigid coaxial cables offer outstanding electrical charac- 
teristics but nothing else. They are very difficult to route 
and very heavy compared to flexible and semirigid cables. 
The electrical performance of rigid cable, per pound of 
weight, is not outstanding enough to incorporate its use 
in a spacecraft design. 

I t  was concluded that semirigid cable offers the most 
outstanding overall performance per pound of weight. 
With this first application of semirigid coaxial cables to 
the Mariner IV program, many new problems arose. It 
was felt that a more detailed study should be undertaken 
to investigate further the capabilities of semirigid cables, 
and to develop a system consisting of semirigid cable and 
a new series of special RF connectors. The study was 
broken down into two phases: a semirigid cable study 
and a semirigid cable connector study. 

The main objective of the cable study was to determine 
the cable’s mechanical capabilities such as axial strength, 
endurance under shock, and weight potential that the 
cable will offer. The connector study is being carried out 
because of the serious shortcomings of thc prcscnt state- 
of-the-art connectors for spacecraft use. Present connec- 
tors are quite bulky and extremely heavy for the type of 
electrical performance that they offer. The method of 
attaching these connectors on semirigid cables deforms, 
galls, and literally destroys the cable ends. However, the 
most undesirable malfunction is the loosening of the con- 
nector attachment under shock. Development of a new 
semirigid coaxial cable connector is, therefore, being 
undertaken with the following goals in mind: the con- 
nector should be as small as possible, it should be ex- 
tremely lightweight (approximately 1.0 02) and, most 
important of all, it should be sexless. The requirement of 
being sexless is a unique feature, since the connector 
program includes the development of a standard line of 
spacecraft transmission line components which do not re- 
strict their use because of the gender of their connectors. 

b .  Cabling problem. Cabling systems, such as would 
be required on a Voyager type spacecraft, must make 
very long runs (approximately 10 ft of cable) between the 
radio subsystem and antennas. Therefore, the system un- 
dergoes a great deal of stress during the craft’s launch 
period. This is the reason why the coaxial cable study’s 
main objective is to determine and predict the limiting 
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mechanical characteristics which alter the loss parameters 
and reliability of semirigid coaxial cable. Two mechanical 
evaluations have been made to date: a static axial strength 
evaluation, and a weight evaluation. The results of these 
tests have been tabulated in Table 2. With the knowledge 
of these initial mechanical conditions, it was possible to 
make calculated predictions of the cable’s mechanical 
behavior after being subjected to a chemical milling 
process. 

Table 2. Mechanical characteristics of spiroline cable 

Outer conductor Permanent strain point 576 Ib 

0.530 in. O D  

1080 aluminum 

0.456 in. ID Yield strength 708 Ib 

Copper tubing 
0.165 in. O D  Weight per foot 0.1555 Ib 
0.125 in. ID 

Inner conductor 

Dielectric 
Teflon tubes 

The main objective for chemically milling the cable is 
to reduce its weight. True, this cable is lighter in weight 
than flexible cables and rigid cables; however, its outer 
conductor is thicker than is really necessary. Commer- 
cially purchased special cable predrawn with a reduced 
outer conductor thickness solves the weight problem, but 
it also introduces a new problem. When the outer con- 
ductor thickness is small, it is very difficult to bend the 
cable without fracturing it; therefore, all cable is bent 
before it is subjected to the chemical milling process, 
allowing satisfactory-type bends to be made. 

Analysis of weight and strength characteristics. Using 
the results in Table 2 as initial conditions, an analytical 
study was performed to determine the three major 
mechanical features of the cable. An expression was ob- 
tained for predicting the weight of the cable as a function 

has been plotted in Fig. 3. The maximum yield strength 
point was also determined as a function of the outer 
conductor material removed, and has also been plotted 
in Fig. 3, along with the permanent strain point. 
Knowledge of these three important mechanical factors, 
makes it possible to predict the mechanical performance 
of the cable system. 

of the oute,: cuii&ctoi. niaieria: removed. This expiessioii 

So that the analytical results could be physically com- 
pared, cable specimens were chemically milled and then 
mechanically evaluated. The maximum yield strength, 
permanent strain point and weight were measured. The 

DIELECTRIC MATER1 AL,  
TEFLON TUBES 

0 
0 2 7  0.26 0.25 0 .24  0 23 

OUTSIDE RADIUS OF OUTER CONDUCTOR, in. 

Fig. 3. Spiroline weight, rupture loading, and perma- 
nent strain loading a s  a function of the outside 

radius of the outside conductor 

results of these tests have been plotted with the analytical 

be seen from these figures that the analytical results are 
well within a 1(yR; accuracy of the physical results. This 
shows that the mechanical features of the cable can be 
mathematically predicted with fairly good accuracy. 

i@su!ts acd are indicate:! by dashed !ifips ifi Fio. 0 3. It CBT? 

Analysis of factors influencing the characteristic im- 
pedance. A second analytical study was performed to 
determine the cable’s electrical characteristics as a func- 
tion of mechanical tolerances and temperature (Ref. 1). 
Knowledge of the cable’s electrical variations due to 
tolerance build-up and temperature change will make 
possible accurate cable specifications. 
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The relative change of the cable's characteristic im- 
pedance as a function of inner and outer conductor 
diameters was found to be 

AD A d  
A Z - D  d 
Z Log,2.764 
-- 

where 

AD = outer conductor diameter tolerance 

~d = inner conductor diameter tolerance 

D = outer conductor diameter 

d = inner conductor diameter 

This function has been plotted in Fig. 4 for two differ- 
ent cases. In one case D is held constant. In the other 
case d is held constant. It can be seen from the figure that 
changes in the outer conductor diameter are less critical 
than changes in the inner conductor diameter. As an 
example to show how useful the information in Fig. 4 is, 
let us take the specifications of spiroline cable and deter- 
mine its varying factors. 

The manufacturer guarantees a characteristic imped- 
ance of 50 +-2i>, which is a 4% change in the characteristic 
impedance. If thc outer conductor tolerance is held con- 
stant, it is seen from Fig. 4 that the inner conductor 
diameter must be  held within a tolerance of t0.007 in. If 
the inner conductor tolerance is held constant, the outer 
conductor tolerance may vary as much as k0.0185 in. 
These two values are the maximum boundary conditions 
that the conductors may have to maintain the 50 t 2 n  
impedance tolerance. 

An analytical study was carried out to determine how 
critical the change in the cable's characteristic impedance 
is over various temperature ranges. The result of the 
calculation was 

AZr 
Z 

[ 1 + (13.3 X lo-';) AT] 
[ l  + (9.2 X lo-'') AT] - = { 1 - log, 

where 

AT = the deviation in temperature from 70°F 

The calculations were performed assuming that the rela- 
tive dielectric constant of the cable did not vary with 
temperature. This is a reasonable assumption because 
teflon is a high temperature material. However, since 
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Fig. 4. Characteristic impedance of spiroline high-temp 
coaxial cable a s  CI function of mechanical tolerances 

on the outer and inner conductors 

the outer conductor and inner conductor are made of two 
different types of materials, aluminum and copper, re- 
spectively, each of the two metals has different expan- 
sion coefficients. Therefore, the ratio of the outer and 
inner conductor diameters will vary as a function of 
temperature. 

The above function has been plotted in Fig. 5, and it 
can be seen that the relative change in the characteristic 

TEMPERATURE VARIATION, "F 

Fig. 5. Percentage change in characteristic impedance 
of spiroline cable due to temperature variations 



J P L  SPACE PROGRAMS SUMMARY NO. 37-35, VOL. I I  

impedance is very small. Therefore, electrical changes 
due to temperature variations are a very minute consid- 
eration in the cable study. 

c. Connector design problem. Connector attachment to 
semirigid coaxial cable is a difficult problem. In the 
present commercially available connectors, a skive ring 
method is employed for attaching the connector to the 
cable. Fig. 6 illustrates a typical semirigid coaxial cable 
connector. It is bulky and heavy and also has a high 
voltage standing wave ratio and insertion loss. Its voltage 
standing wave ratio at S-band is approximately 1.2. 

Fig. 6 shows the connector disassembled into its indi- 
vidual parts. The connector is made up of an N-type 
transition, into which the cable is inserted, and a skive 
ring, which is retained in a locking nut to serve as a 
gripping clamp. However, this skive ring has inherent 
weaknesses in its design. If it is necessary to assemble and 
disassemble the connector more than once, galling and 
deformation of the cable results. The skive ring’s teeth 

dig and bite into the cable and after many assemblings 
deforms the cable, changing its characteristic impedance. 
However, the most undesirable weakness of the skive ring 
connector is that it loosens from the cable under vibra- 
tion. An attempt was made to solve this problem by 
glueing the skive ring with an epoxy. Upon cutting the 
glued specimens apart, it was discovered that only some 
rings were glued satisfactorily. In some cases, the epoxy 
actually prevented the skive ring’s teeth from engaging 
the cable. It was determined that it is impossible to prop- 
erly inspect and control the glueing process; therefore, a 
connector of this type, mounted in this manner, is unac- 
ceptable from a reliability standpoint. 

The new connector design. The initial problem which 
had to be solved was a method for attaching the connector 
to the cable. The developed design utilizes a connector 
threaded onto the cable. Since the outer diameter of the 
outer conductor is a nominal 0.500 in., it was necessary 
to employ a 9/16 thread series, because a smaller thread 
would cut through the outer conductor. The 9/16 thread 
has a class three fit so that good concentricity is main- 
tained between the connector and the cable. 

A study was undertaken to determine which series of 
threads in the 9/16 class would yield the desired strength 
characteristics. Axial strength tests were performed on 
cable specimens with threads varying from 18 to 32 
threads per inch. The threads were modified to offer 
maximum strength characteristics by “filling in” the 
V-groove with a 0.010-in. radius. The specimens were 
then submitted to an axial pull test until fracture 
occurred. All of the failures occurred in the final thread 
of the cable. The results of this test have been plotted in 
Fig. 7, and show the yield strength of the final thread as 
a function of the threads per inch. 

It was observed during the test that the 32-threads- 
per-inch specimens began to strip instead of fracture; 
therefore, a series was selected which was less than 32 
threads per inch. Before making the selection, however, 
it was necessary to evaluate what function the threads 
must serve. First, it was desired that the connector engage 
at least 3 threads, and, second, that the threads be shallow 
enough to offer an optimum axial yield strength. Since 
it was determined that a thread length of 3/16 in. would 
serve the purpose of the proposed connector design, a 
thread size of 9/16-24 UNEF-3 was selected. 

The next design problem was to determine how to lock 
these threads so that they would not disengage under 
shock. This locking feature was accomplished with an 
epoxy resin. The connector shell overlaps the final thread 

Fig. 6. Typical semirigid coaxial cable connector, 
assembled and disassembled 
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Fig. 7. Rupture of final thread as a function of the 
number of threads per inch 

by 1/8 in., allowing an epoxy collar to build up between 
the cable and the connector. The function of this collar 
is to relieve the stresses encountered by the final thread, 
and also, to serve as a back-up attachment feature to the 
threads. If the threads should fail, the strength of 
the epoxy collar is such that connector-cable attachment 
will be maintained. 

A definite epoxy type has not yet been selected for the 
connector design. However, for test purposes, Scotchweld 
EC-1614 was used. The selection of this epoxy was made 
on the basis that its characteristics were acceptable for 
the cable system of the hfariner ZV spacecraft. 

Since the cable system will go through a severe shock 
treatment, it is necessary that the epoxy be as flexible as 
possible in its set condition; for if the epoxy is brittle, its 
shock strength is decreased. EC-1614 has this flexible 
feature, and it was felt that a study should be made to 
determine its capabilities for use on future spacecrafts. 

The study consisted of three separate phases. The first 
phase determined how sensitive the epoxy mixing pro- 
cedure is to human error. This was the most important 
phase of the study, since the quality of an epoxy bond is 
not capable of inspection. The second phase of the study 
was a volatile condensable materials (VCM) test. This 
test determined how much contamination the epoxy offers 

to surrounding spacecraft components. The third phase 
determined a strength and reliable bonding surface prep- 
aration. This phase of the study was conducted indcpcnd- 
ently of the type of epoxy, since the test is a relative 
comparison of the surfaces. 

The epoxy mixing test was conducted using the Ameri- 
can Standard of Testing Materials procedure (ASTM 
Designation: D1002-53T) for testing epoxy shear strengths. 
The results of the test are shown in Fig. 8. This figure 
shows the shear stress of the epoxy in pounds per square 
inch as a function of percent errors in mixing with lines 
of constant temperature values. It can be seen, that at  
75"F, the error in mixing is not very critical as far as 
the connector strength requirements go. However, as the 
temperature approaches 2W°F and over, mixing of the 
epoxy becomes more and more critical. An error of about 
k15% would be tolerable for temperatures up to 200OF. 
However, an analysis has yet to be made to determine 
the magnitude of the stresses the system will undergo at  
such high temperatures. If the stress magnitudes are low 
enough, it is possible that the allowable mixing tolerance 
will increase. 

The results of the volatile condensable materials test 
were not very encouraging. These results have been tabu- 
lated in Table 3. The maximum acceptable VCM at 
300°F, as set by the Materials Section, is 1.0 X It  
can be seen from Table 3 that EC-1614 is 25 times higher 
than the acceptable VCM value, which means it is quite 
volatile. 
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Fig. 8. Shear stress versus percent error in mixing for 
various temperature ranges of EC-1614 epoxy 
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Table 3. Volatile characteristics of EC-1614 

50 75 4200 4170 

50 250 558 330 

50 300 492 284 

r Temperature. O F  1 Weight 105s after test, % 1 Gramslin.' of surface I 
200 0.5 0.0 x 10 * I I I 300 2.6 25.7 X I 

I t  has been concluded that under a heat sterilization 
process, EC-1614 could contaminate surrounding space- 
craft components. Therefore, a search for a different 
epoxy with the same mechanical characteristics as 
EC-1614 but with a very low VCM (less than or equal to 
lo-') will be made when systems testing begins. 

The surface preparation tests yielded very interesting 
results. Two surface preparations were studied: one was 
a standard acid-edging preparation suggested by the 
Shell Chemical Company (Epon Adhesives Manual); the 
other was a 0.003-in. deep machine-finish. The test was 
performed with a 50% base and 50% accelerator epoxy 
mixture. All the specimens were cleaned with M-50 clean- 
ing solution, and then placed in an ultrasonic cleaner to 
insure that every piece was thoroughly cleaned. A rigor- 
ous cleaning process was needed so that there would be 
no doubt that the small grooves of the machine-finished 
specimens were completely free from oil and dirt. The 
results of the test are given in Table 4. 

Table 4. Gripping characteristics of epoxy 

I Mixing by parts I I Shear strength I 

tor, % 
Base, 70 

At room temperature, both surface preparations offered 
about the same adhesion, but when the temperature was 
elevated, the adhesion properties of the two surfaces 
differed remarkably. At 250 and 3W°F the epoxy broke 
away from the machine-finished specimens, indicating a 
true sheer had not taken place. I t  was first thought that 
the machine-finished surfaces would offer a better grip- 
ping area, but the results of the test showed that the 
machine-finish was inferior. Upon investigation of the 
machined specimens, it was observed that they had been 
properly cleaned, and also, that the epoxy had properly 
wetted into the grooves of the machine-finish. Therefore, 
improper cleaning was not responsible for the breaking 
away of the epoxy. Upon analyzing the problem further, 
it was strongly believed that milling an epoxy gripping 
surface was inferior because of the geometry involved. 

Theoretically, a metal surface that has not been ma- 
chined is essentially flat. Therefore, when a force is 
applied parallel to the metal plate surface, the plate is 
strictly in sheer. However, when a V-groove machine- 
finish is put into the surface of the plate and a force is 
applied parallel to this surface, a single true sheer is not 
obtained. This is realized by resolving the direction of 
the force into two components. One component is in the 
sheer direction, and the other component is perpendicu- 
lar to the sheer direction. Epoxy resin has a very low 
tensile strength; therefore, it breaks away from the sur- 
face before a true sheer strength value is obtained. From 
these test results, the acid-edging preparation was 
selected for the connector design. 

With the knowledge obtained from all of the above 
preliminary tests, it was possible to begin the definition 
of various connector designs. To date, there have been 
four connector coupling designs proposed for evaluation. 
They are named for reference purposes: the flanged con- 
nector; the dog-leg connector; the four channel-track 
connector; and the threaded flanged connector. The 
major difference between all of the designs lies in the 
connector coupling techniques. The following is a brief 
description of the four different designs. 

Fig. 9 shows the flanged connector fully assembled. 
It can be seen that the connector is relatively small. The 
maximum diameter, which is the diameter of the flanges, 
is 0.95 in. A coin has been placed in the picture to show 
the connector's relative size which is quite small com- 
pared to the present commercially available connector, as 
shown in Fig. 6. Fig. 9 shows the individual parts that 
make up the total connector: two inner shells, which are 
attached to the cable with threads and epoxy; two outer 
flanges, which secure a butt joint interface; a precision 
alignment ring, which aligns the concentricity of the butt 
joint; and four No. 0-80 screws and nuts, which draw the 
flanges together making a secure connection. At the inter- 
face of the connection, there is an air gap in the dielectric 
0.060 in. in length. The dimension of this air gap has been 
analytically determined for matching the impedance of 
the connector interface to the impedance of the cable. A 
center conductor bullet, which aligns and connects the 
center conductors together, is not shown in the figure. It 
will be discussed later, since it is a major design problem 
in itself. 

An assembly of the dog-leg connector is shown in 
Fig. 10. A scale has been placed in the figure to indicate 
the relative size of the connector. A three-section circular 
V-band with an adjusting screw is employed as the 
coupling mechanism. The adjusting screw opens and 
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Fig. 9. Flanged connector, assembled 
and disassembled 

closes the diameter of the V-band which in turn regulates 
the amount of axial pressure applied at the interface sur- 
face of the connector. Fig. 10 shows the connector dis- 
assembled. Like the flanged connector, the two inner 
shells are attached to the cable by threads and epoxy. 
Alignment of the total system is accomplished by a pre- 
cision alignment ring, and secure interface coupling is 
accomplished with the V-band ring. The inner shells have 
raised surfaces angled at 20 deg; likewise, the V-band 
has three dog-legs with walls at an angle of 20 deg. As 
the V-band is drawn tighter onto the shell's ridges, the 
axial pressure at the connector interface is increased. 
Like the flanged connector, the interface air gap in the 
dielectric is 0.060 in. in length, and the dimensions of 
the gap have been calculated in order to make an im- 
pedance match between the connector and the cable. 
The V-band bolt has been made to swing out which 
makes assembling and disassembling a little easier, since 
the spring band around the three dog-legs is somewhat 
ridged. The band joining the three dog-legs is made of 
beryllium-copper, and the individual dog-legs are made 

CLAMPING BOLT-'- 

Fig. 10. Dog-leg connector, assembled 
and disassembled 

of stainless steel. The use of these materials was neces- 
sary since it was desired that the connector should not 
be made from any type of magnetic materials. 

The mechanical coupling of the four channel-track 
connector is very similar to the external coupling of a 
type-N connector (Fig. 11). However, the system as a 
whole remains sexless. It can be seen from the figure that 
the inner shells are threaded onto the cable and locked 
with an epoxy sealant. The interface butting surface, like 
the flanged connector, has an air gap 0.060 in. long. The 
dimensions of the air gap have been calculated to make 
possible a proper impedance match between the cable 
and the connector interface. Fig. 11 depicts more clearly 
the assembly pieces of the four channel-track connector. 
There are two identical inner shells which have four 
L-shaped channels diametrically opposite one another. 
The two outer shells, one with male threads, the other 
with female threads, each have four tracks that are also 
diametrically opposite. The connector is assembled by 
guiding the outer shell's tracks through the inner shell's 
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Fig. 11. Four-channel track connector, assembled and disassembled 
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channels, and then rotating them 45 deg. A Viton O-ring 
snaps the outer shell's tracks in place, locking the system. 
The male outer shell overlaps the connector's interface 
mating surface. Proper interface alignment is accom- 
plished by this overlapping feature, which eliminates the 
precision alignment ring that is used in the flanged and 
dog-leg connector designs. The system is sexless in that 
the male and female outer shell positions can be inter- 
changed at  will. 

The final design will have small grooves cut into the 
connector interface at each channel location. These 
grooves will serve as venting holes for trapped air. When 
the connector is completely assembled, air will be vented 
through the groove in the interface, through the unoccu- 
pied channel and out into space. 

The threaded-flanged connector is basically the same 
as the flanged connector. The only difference lies in the 
coupling technique. Instead of using four screws and four 
nuts to join the flanges together, they are threaded, and 
captivated screws are engaged directly into the opposite 
flange, eliminating the four nuts. 

All of the connector designs utilize a center conductor 
aligning bullet, which is a major design in itself. The 
design of the bullet will be such that it can be inter- 
changed with any of the above four connector designs. 
Fig. 12 shows a 1ayo::t diagram of thc proposed bullet 
design. There are two alignment cylinders with a three- 
wave, collapsible beryllium-copper washer, retained by 
two retaining rings. The two alignment cylinders are 1% 
diameters in length to prevent any cocking-type action 
when the center conductors of the cable are misaligned. 
The cylinders also have four slots which divide each cyl- 
inder into four spring-type fingers which compress when 
placed into the center conductor. This insures a snug fit 

TH R EE - WAVE 
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RETAINER CYLINDERS 

LALIGNMENT \ 
CYLINDERS 

RINGS 

DASHED LINES INDICATE VENTING HOLES 

Fig. 12. Collapsible bullet design 

to prevent rattling. The inner conductor of the cable butts 
against the retainer rings, which are free to move axially 
up and down on the center cylinder to allow the distance 
between the retaining rings to be varied as interface 
pressure is applied. 

I t  is hoped that this type of bullet configuration will 
make proper center conductor butting possible by taking 
up any tolerance build-up in the connector's coupling 
innerface. If this type of bullet were not used, it is pos- 
sible that the faces of the center conductors would not 
properly butt up against the bullet because of the shell 
tolerance build-up. Fig. 12 also indicates the proposed 
trapped air venting technique. 

At the present time, none of the above connectors have 
gone through any type of sophisticated testing. However, 
rigorous type approval tests are being planned for evalu- 
ation. The results of the tests will be analyzed for 
outstanding features, and the connector design showing 
the most desirable characteristics will then be selected 
as a JPL standard spacecraft connector. 

A method for evaluating the voltage standing wave 
ratio of a connector under static conditions was required 
and is shown in Fig. 13. The distance between the load 
and the slotted line remains constant throughout the test. 
However, with appropriate cable length combinations 
(L l ,  L,, . . . ,L ,J  the co~ i~~ec to r  positioii was shifted down 
the line. The VSWR and phase shift for each cable set is 
measured and recorded on a Smith Chart. The locus of 
these measured points is a circle with a radius equal in 
magnitude to the VSWR of the connector under test. A 
more thorough treatment of this type of measuring tech- 
nique can be found in Ref. 2. If the measurements are 
carried out with great care, it is possible to measure a 
VSWR as low as 1.01. 

Fig. 13. VSWR test setup 
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At present the only connector submitted to this type 
of VSWR test has been the flanged connector. The results 
of the tests were quite desirable. The test showed that 
the connector had a maximum VSWR of 1.03 at 2116 Mc. 

The flanged connector was also subjected to a static 
insertion loss measurement; however, it was felt that 
before the measurements were made, it would be worth- 
while to make an analytical calculation to predict what 
the connector’s insertion loss should be. Ignoring the 
mathematical details, it was determined that the connec- 
tor’s insertion loss could be expressed as: 

Insertion loss = 8.686~uL 

where 

L = gap length 

f = frequency 

P ,  = resistivity of copper 

M ,  = 4T x 10-7 

AL = 47T x 10-7 

P,<, = resistivity of stainless steel 

a = inner conductor diameter 

b = outer conductor diameter 

The calculations were made with the following assump- 
tions: 

(1) The connector shell interface is stainless steel. 

(2) The center conductor alignment bullet is beryllium- 

(3) All conductance losses due to dielectric materials 
are negligible compared to the losses of beryllium- 
copper and stainiess steei. 

copper. 

The above expression has been plotted in Fig. 14, and 
shows the insertion loss as a function of the connector’s 
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Fig. 14. Attenuation of a stainless steel butt joint as a 
function of the butting surface length 

innerface length with constant lines of b and a. It is seen 
that the insertion loss of the flanged connector is prac- 
tically negligible. 

Insertion loss measurements were performed on the 
flanged connector to observe how the results would com- 
pare with the calculated predictions. The measurement 
accuracy of the insertion loss equipment is about 0.01 db. 
The insertion loss of the connectors was so small that it 
was lost in the measuring accuracy of the system. There- 
fore, it can only be concluded that the insertion loss of 
the flanged connector is less than 0.01 db at 2116 Mc. The 
results of the test confirmed the calculated predictions; 
that is, the insertion loss of the connector was so small 
that it is almost negligible. 

The other three connector designs have not as yet been 
tested for VSWR and insertion loss. However, information 
on these connectors will be sought in the near future. 
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